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Preface

The Space Programs Summary is a two-volume bimonthly publication of the Jet Propul-
sion Laboratory. Research and development activities conducted by JPL having specific
application to space programs under the sponsorship of the National Aeronautics and
Space Administration are reported in this publication. Unclassified and classified activi-
ties will be documented in Volumes | and |l, respectively.

The projects reported herein were undertaken in partial fulfillment of National Aero-
nautics and Space Administration Contract NAS 7-100.
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|. Lunar Program

At 03:12 EST on November 18, 1961, Ranger Il was launched from Cape
Canaveral into a low Earth orbit. The spacecraft re-entered the atmosphere that
same night. As in the case of Ranger I, scientific results of the flight were slight,
but spacecraft engineering data again showed that the spacecraft survived the
launch environment and performed all of its programmed functions in orbit.

The Ranger RA-3 spacecraft and launch vehicle are at Air Force Missile Test
Center (AFMTC) being prepared for the first Ranger lunar mission attempt.

Il. Planetary-Interplanetary Program

Procurement and fabrication of Mariner R assemblies have been largely com-
pleted. Assembly of the first spacecraft is scheduled to begin in early January 1962,
Preliminary design of Mariner B is proceeding as planned.

lll. Deep Space Instrumentation Facility

Telemetry data from the nonstandard Ranger 1! trajectory was obtained by
the Mobile Tracking Station on 2 passes.

To aid in the design of the Advanced Antenna System (AAS) various tests and
studies have been conducted. These include foundation studies, wind measure-
ments, wind tunnel tests, and structural, servo and RF feed tests. The Echo Site
85-ft Az-El antenna will soon be moved to a new location at Goldstone where
it will be used for research and development. A new 30-ft antenna will be
installed near it, and a new 85-ft HA-Dec antenna will be installed at the Echo
Site for operational use.

Performance of the Cassegrain feed system has been improved by a modification
in its optical design.

CONFIDENTIAL 1
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PART TWO
LUNAR PROGRAM
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I. Ranger

Ranger 11 was launched on November 18 at 03:12 EST,
after a countdown that was unusually smooth; the only
delays were for correction of minor difficulties in the
Agena umbilicals and in the Atlas LOX tanking mcas-
urement.

The Atlas performance was completely satisfactory,
despite a minor error in staging time, and the Agena 1+
burn (to acquire parking-orbit speed) took place on
schedule. The 2" burn did not occur. As in the case of
Ranger I, the spacecraft was left in a low Earth orbit,
instead of the desired near-escape trajectory. Agena
telemetry records show that the cause of the Ranger 11
failure was entirely diffcrent from that of Ranger I. On
Ranger I the Agena roll gyro was inoperative through-
out the flight. With no roll control, the Agena depleted
its attitude-control gas supply shortly after the 1* burn,
and was tumbling at the time of 2 burn. The 2™ burn
start sequence began on schedule, and the engine ignited
but immediately shut down, probably because of gas
ingestion due to the tumbling motion.

Data was received from Ranger IT at all DSIF stations
during its bricf flight, which probably terminated after

CONFIDENTIAL

6 orbits. As in the case of Ranger 1, all spacecraft sub-
systems were determined to be operating, but the scien-
tific results of the flight were slight. The ground portiun
of the system operated better than in Ranger I, in that
real time data operations were achieved both before
and after injection. All functions other than Agena 2
burn (e.g., spacecraft scparation, solar panel extensions,
etc.) took place as planned.

The risk of the Ranger RA-3 mission is, of course,
increased by the Ranger I and H failures, because the
stabilized cruise mode of the spacecraft attitude-control
system still remains to be demonstrated; until it is, little
confidence can be placed in the mid-course and terminal
manecuver sequences required for the lunar mission.
Nevertheless, the preparations for launching RA-3 remain
on schedule. The RA-3 spacecraft, Agena 6003, and Atlas
17D successfully completed a joint flight acceptance
and compatibility (J-FACT) test on January 5, 1962, at
AMR. The Acronutronic lunar capsule was shipped to
AMR on the same day. The spare capsule, however,
developed a destructive internal short circuit, and efforts
to prepare a 2™ spare were immediately started.
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A. Systems

1. Ranger | Trajectory

The Ranger 1 spaceccaft was placed in a low Earth
orbit on August 23, 1961. The standard trajectory was
essentially achieved up to ejection from the parking orbit;
a component failure in the propulsion system of the
Agena B prevented Ranger I from achieving the required
velocity increment for standard flight.

a. Ascent. Liftoff was normal, with al! systems oper-
ating properly. The Atlas performance during ascent was
satisfactory (Ref 1). The guidance system initiated the
cutoffs of the engines at near-nominal times, and the coast
ellipse prior to Atlas-Agena B separation was within
specifications. The Atlas-Agena B separation sequence
was performed satisfactorily followed by expected stabili-
zation and pitch-down controls. The Agena B timers were
started by Atlas guidance commands and the 2" stage
sequence of events was normal. Agena 1** burn data indi-
cated that the proper parking orbit was achieved.

A malfunction in the Agena B engine 2" burn ignition
sequence allowed the gas generator to start but kept the
main fuel valve closed. A small velocity gain
of 84 m/sec was obtained during the pro-

grammed 2" burn due to the expulsion of
oxidizer. The net loss of approximately 3100 m/sec of
velocity to be gained during 2" burn resulted in an Earth
orbit having an apogee altitude of only 313 mi.

Since 2" burn was not attained, the velocity meter did
not initiate the engine shutdown function; this event was
performed by the timer backup signal. Separation of the
spacecraft from the Agena at 1530 sec followed. Teleme-
try indicated a separation velocity of approximately 0.6
m,sec with approximately 0.15-sec separation time. Fol-
lowing separation of the spacecraft, the Agena performed
the required yaw-pitch maneuver in preparation for firing
of its retrorocket. The retrorocket fired and the subsequent
altering of the Agena trajectory (to prevent the Agena
from following the spacecraft trajectory) was successful.

b. Postinjection. The characteristics of the postinjection
trajectory are presented in Table 1. These are the best
obtainable parameters using an orbit determination pro-
gram (ODP) available at JPL. The ODP is designed for
use with deep space probes similar to the Ranger I stand-
ard trajectory and, therefore, lacks certain features which
are mandatory for the determination of low orbits. The
most important of these features is the exclusion of any
type of drag effect experienced by the spacecraft during
the decay of its orbit. As a result, it was necessary to

Table 1. Orbital parameters of Ranger |

Tiene of injoction

Spach of periconter pascage

Peried, min
Avgest 5 <
L]
1961 x Y z X Y i . ] - Apogee,
[} ¢ 0 v Y . . u ’ Poriges, mi
8:23-61,10:20:2¢ 8-23-41, 10:27:22.10¢ 1.148)
L2} -0.2437048684° 0.40054081¢84 0.892072218) 0.5984535181 0.30579207¢) —0.415647 9981 709.03 329183 97780 | MY
0.6342104084 0.7037128481 0.34290299¢) 0.750589978) 0.8338124081 0.12640011883 0.024011 | 279.81¢9 - 3.260% | 105.597
§-24-4), 5.2000 8-24-81, 4:38:42.202 90.8246
u 0.19937675¢4 0.66002109¢4 0.717001478) 0.4115925281 0.18709918¢\ 0.4037910181 649).63 329237 206.028 200014
0.60277530¢4 0.6034657481 0.2313248782 0.71507238¢1 0.3483379420 0.5544403482 0.020846 | 274.179) 164.224 132
8-25-6), 1.3000 8:25-61, 1.:47.48.742 90.483¢
25 — 0.3448756284 0.48112033¢84 0.2471080384 0.4943629981 0.3320014181 —0.00742938) 76.37 32.9008 215.020 77.092
0.6335648984 - 0.22215687¢2 0.126734068) 0.749387 2081 0.1990348380 0.116335%0¢83 0.021334| 248.1312 9.004 100,045
8-26-41,0.2000 0-20-61,0:23.29.17¢ 90.1401
2 0.2003104084 0.59413022¢4 0.18579142¢4 - 0.617976408) 0.326061238) - 0.36375649¢1 “®N4 32.9074 123 255.623
0.65393933¢4 0.16508720¢2 0.1296156482 0.7400200281 0.2730124480 0.12057164t) 0018598 | 261.379¢ | 14.440 101.686
8-27-61,0.1500 $-17-61,0:22,46.763 $9.7370
L4 0.326236878) 0.640074 2184 0.13300634¢84 0.640059208) 0.122790968) 0.39452908¢ 1 $609.59 2N 224122 0.0
0.6340347584 0.1171877782 0.114160857¢8) 0.7450175881 - 0.5110160280 0.12202820863 0016117 | 254.2260 .00 99.006
8-28-61,0:1000 0.20-61,0:16:1.98¢ [ ALAE}
L] 0.1339560084 0.59339534¢E4 0.2219496384 0.65%60101 81 0.200481668) 0.32160627€1 6612.66 32.907¢ 245768 202914
0.6334600984 0.207905)382 0.124377628) 0.74585742¢81 0.J268302100 0.11760648¢8) 0012079 | 246.9342 24.974 .23
l,V,l.l.V,l—f ight-hended, oquaterial, spece fined U ot di tom. I ¥ umed to lie aleng the Berth i ittve nerth, X is nermel to 2
. ":..Mn n !M llvmlon J the vv:nl oquinex, lhn hm/soc. v " - sein aals. pusitive *
neo 2 1-handed, Carth contered, squaterial, Earth fined icel di R s Eorth conter in k gescaniric latitvde momsured osqueteriel plene
(LA i T Al - e Groemerieh mavidion posinve. e s o raad e e T reterial e
craft with respect to local heritontel in deg,  is szimuth engle of v messvred emt of mn nerth in deg.
o semi-mojer enis, hm. 11 lengitude of sseending nede, dey.
o eccentricity w  argument of periges, deg.
i inclination of orbit plane te equatorial plune, deg » ttve enomely, deg.
All times ore in OMT
*--0.2437040684 2437 0406,
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Table 2. Sequence of Hight events

Bvent m A&M'I“Olmo,
LitloH (GMT) 0 10:04:10.32
Atlas booster cutotf 132.7 136.23
Atigs booster engine separation - 130.90
Start Agene restart timer 247.3 246.27 0.1
Atlas sustainer cuteft 276.4 273.50
$tart Agene primary D-timer 205.8 208,06 £0.11
ANes vernier cuteft 2083 289.91
Nose shroud pin puller squibs Fire 296.8 201,00
Mid-body pin pullers and retrorockets Fire 299.8 204.97
Jottison horizon scanner fairing 307.56° 307.60
Initiate — 100 deg/min pitch rate 314.06° 31401 £0.N
Transfer to — .54 deg/min pitch rote 317.06* 317.07 £0.11
Utlage rockets Pire (1°° burn) 337.06° 337902
Telemeter signal acquire (Antigue,

station 9.1) —_— 344.60
Ges Generater | Fire (1°* burn) 349.06° 349.03 £0.11
Thrust attainment, 90% P, (1°* burn) 350.01¢ 350.58
Tolemeter signol lees (Cope Canaveral,

Stotien 1) —_— 458
Engine cuteft, 70% P, (1°* burn) 499.41° 499.48
Surning duratien (1** burn) 149.10 148.90
MHorizen scanner pesition squib Fire 516.06° 516.10
Helium valve Off Squib 2 Fire 516.06° 516.10
Step Agene primery D-timer 520.06° 520.10
Tolometer signal loes (Antiguo, Stetion 9.1) -— 766.00
Tolometor signal acquire {Asconsi

Station 12) —_— 1152.29
Restort Agenc primary D-timer 1266.27° | 1267.25 £0.11
Ullege reckets Fire (2™ burn) 1221.28° 1221.37 £0.11
Transfer 10 —4.74 deg/min pitch rote 1271.25¢ 1271.37 £0.M
Gas Generater 2 Fire (2™ burn) 1283.25° | 1283.35 £0.03
Theust attainment, 90% P, (2* burn) 1204.50" -_—
Engine cutei, 20% P. (2** burn) 1373.50° | 1390.32 £0.031
Surning duration {2 burn) 89.00 %6.97°
Stort telemetry Colibrete 1300.25° 1301.38
Payleed interface connecter Fire 1525.25° 1525.33
Poylead pin pullers Fire 1520.25° | 1530.35
Agene—Renger sepavetion complete -— 1530.51
Initite 100-deg/min yaw rote 1533.25° | 1523.31 £0.N
Telemetry signal loss (Ascension,

Station 12) —_ 1583.08
Remele yow pregram 1593.25° -
Transfer 10 5.53-deg/min pitch rate 1593.28° -
Retrorocket Fire 1920.25° —

“Shutdewn of relay signel.
Durstion of gus ¢ pe
Not avellable.

Verification of event only.

sAdjvsted for primery D-timer start of 200.06 sec.
SAdjusted fer restart D-timer start of 246.27 sec.
¢Adjvsted for primary D-timer resturt of 1267.25 sec.

JPL SPACE PROGRAMS SUMMARY NO. 37-13

redetermine the orbit for each excursion about the Earth.
The final orbit of Ranger I will be determined by Goddard
Space Flight Center using techniques developed for low
altitude satellites.

There are 8 orbits available in Table 1, 1 for each day.
The epoch on each day was chosen to be just prior to the
start of the set of new periods at Woomera. The orbit
defined is representative of the actual orbit up to the
last new pericu at Johannesburg, a duration of approxi-
mately 14 hr.

c. Standard and actual trafectories. A comparison of
standard and actual trajectory parameters is presented
in Tables 2 through 6. Table 2 compares the sequence of
flight events; Table 3 compares the Atlas coast apogee
conditions; Table 4 compares the parking orbit param-
eters; Table 5 compares the injection conditions, and
Table 8 compares the orbit parameters at injection. In
general, satisfactory agreement exists with the exception

Table 3. Atlas ceast apogee conditions

.- ”s-16
Roal time

Paremeter Predicted reder
Vocter | | VoOhor 2 | iiation
Inertial velocity, m/sec 5646.72 5634.65 56435.52 5650.08
Altitude, km 184.3369 | 1819107 | 184.62906| 184.43558

Orbital inclination

angle, deg J2.62 3263 32.62 32.61

Table 4. Parking orbit parameters

Itom N+ N* A+ N | (A+N$S°| WL dote
Perigee, km 6552.477 6548.028 6554.054 6545.704
APerigee 5.449 - 0577 7.693
Aperee, ki 6567.648 6582.615 6596.520 6614.216
AApeges —15.967 -—20.082 —46.568
Per’~d, min 88.129 00.245 08.436 88.531
APeriod - 0.106 - 0.297 - 0.392
Eccentricity 0.00108 0.00271 0.0032) 0.0052
Alccontricity - 0.00163| — 000215| — 0.00412
perigee, km 4.1 35.587 42,476 68.422
Inclination 32.699 32770 32.77% 32.85
ongle, deg
Nede {1, deg - —_ —_— 279.00
Argument of —_ - —_ 194.60
perigee v, dog
Position of epoch, —_ —_ — 136.50
w4+ v, deg
Epoch — - .- Avg. 23, 1961
15:12:28
N 4 N = neminel Atics 4 nominal Agene.
A 4+ N = uctval Atles 4 neminal Agene.
A+ N4 3= A + N + ectvsl ignitien and burneut.
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of Tables 5 and 6 which show large differences since
nominal injection was not obtained (Fig 1).

2, Ranger Il Trajectory

Ranger II was placed in a low Earth orbit on Novem-
ber 18, 1961. The standard trajectory was essentially
achieved up to ejection from the parking orbit; a com-
ponent frilure in the attitude control system of the
Agena B prevented Ranger II from achieving the required
velocity increment for standard flight.

initiated the cutoffs of the engines at near-nominal
times, and the coast ellipse prior to Atlas-Agena B
separation was within specifications. The Atlas-
Agena B separation sequence was performed satisfactor-
ily. After separation, the Agena B spacecraft vehicle
exhibited instability in roll due to lack of proper signals
from the Agena B roll gyro. Analysis of the Agena B
flight data shows that the Agena B roll gyro stopped
spinning between the gyro checks made at T —260 min

Table 6. Orbit parameters

a. Ascent. Liftoff was normal. Atlas performance during Conic parameters &t Injection Predicted Actuol

ascent was satisfactory (Ref 2). The guidance system Twice total energy/unit moss Cs, km?/sec’ -0.662,272 | —59.4131
Angular Momentum C,, km*/sec 72,1559 51,6969
| Semi-major axis a, km 640,561 6709.03
Table 5. Injection conditions ~ Semi.-minor axis b, km 9470 | 668818
* Eccentricity o 0.989752 | 0.0249M)
Paremeter Predicied mmm Period of revolution, min 85,035.2 91.1483

" Inclination of the plane of the orbit to
Time from launch, sec 1372.4233 1346.32 ‘ the equatorial plane i, deg 32.0022 32.920)
Radivs vector, km 6569.4743 6542.1648 [ Longitude of the ding node 1, deg 279.761 279.8149
Earth-fined velocity, m/sec 10,588.022) 7505.8997 . Argument of perigee w, deg 194.003 197.788
Earth-fixed flight path angle, deg 1.6251180 —0.0833012 ‘ Clotest approach distance, km 4564.54 6564.19
Geocentric latitude, deg —9.192979) —7.8371284 | . Apogee distance, km 1,274,557 6876.11
Llongitude, deg 346.170945 343.962990 | Time from periges possoge, sec 2.0 —4a7.1
Eorth-fined azimuth, deg 122.970366 124 001180 l Trve anomaly v, deg 3.14822 —J.2601

STANDARD T vAJECTORY
Q

RANGER I ACTUAL TRAJECTORY

RANGER I ACTUAL TRAJECTORY

APOGEE

PARKING ORBIT

EARTH

ASCENSION ISLAND

INJECTION; PERIGEE
AGENA 2"9 BURN IGNITION

PARKING ORBIT INJECTION
v AGENA 1' BURN IGNITION

ATLAS CUTOFF
A\ LAUNCH

mooN ) —-»

Figure 1. Ranger | and N orbits
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during the countdown and the Atlas roll program exe-
cuted shortly after liftoff.

The Agena B pitch-down program, occurring soon
after Atlas-Agena B separation, was satisfactory so that

the Agena B 1** burn carried the vehicle safely under the
jettisoned shroud and into a nominal parking orbit. How-
ever, a high roll rate occurred during the 1** burn period
due to the roll gyro failure. As a result, Agena B guidance
gas depletion occurred shortly after the burn period. The

Table 7. Orbital parameters of Ranger Il, November 18, 1961

Time of injection Epoech of periconter parsage Poried, min
. T . .
X 13 4 X i v H . ' Apoges, mi
* @ 0 v | Y v . ! y Porigee, mi
9:33:44.202 sec 8:01:32.460 sec 08.5274
~0.6345918084° 0.1605443684 0.6534355882 0.12930222¢) i 0.6400196081 0.4193510681 4579.8) 33015 59.008 146.029
0.6590362184 0.568331498) 0.339542008) 0.73630072¢1 0.1951060680 0.124%0519¢) 0.004292 336.4170 131.2020 "2
XY.2X V.? e -s.m potr i :‘ mnntl zﬂuh‘. oo W l:: gy i L di systom. I is assumed to lio sieng the Rarth spin enis, petitive nerth, X is normal to 2
"""'“"‘3?.'.‘...2‘1."..':"'... s fulbiomsd iL ks Breare, """"“"""""“‘.‘.7’.‘.’;'5".‘..'."..-..4..«.'5"".?../ i o v
Mvﬁm Iud.hurnmdhdnuhnMUt.hdvmmldMMhh i v m?'Mﬂ" bt
@ = wmi-majer anis, hm. U lengitude of asconding nede, deg.
» T2 ecconteicity. «  argument of peariges, dog.
i = inclination of orbit plane to squaterial plene, dog. r  wue snemely, deg
Al times are in GMT
. 0.43490084 - -6MINN
Table 8. Sequence of flight events
Predicted time, Actuel time, Predicted time, Actvel time,
Gvent oc sec Event ¢ soc
Litteff (GMT) 0 08:12:21.502 Helium valve Off Squib 2 Fire 523.0° =
Atlas booster cutoff 1383 136.4 Stop Agena primary D-timer 527.0° 5271
Atlos boost - poroti - - Telemeter signol loss
Stort Agena resiart timer 2490 2539 . .(A'm'“‘ Station 9.1) - 7020
Atlas sustainer cvtof! 781 2002 e _ 11250
Start Agena primary D-timer 6.5 220 Restart primary D-timer 1268.9° 1265.9
Atlas vernier culof! 1952 w57 Uliage rockets Fire (2nd burn) 1269.9¢ 12609 (No. 3)
Nose shroud pin puller squibs 1282.7 (Ne. 1)
Fire 297.5 977 Transter to — 4.68 deg/min
Mid-body pin pullers and pitch rote 1269.9* =t
retrorockets Fire 300.5 300.7 Gas Generator 2 Fire (2nd burn) 12019¢ 12019
Jettison horizon scanner foiring 313.0° 3.2 Thrust ottainment, 90% P.
Initiote — 173 deg/min (2nd burn) 1282.9* 1202.8
pitch rate o 32 Engine cutoff, 70% P, (2nd burn) 1374.2° 12028
Transter 10 —3.36 deg/min Surning duration (2nd byrn) 90.) [}
pitch rate 321.0° N
Start telemetry calibeate 1381.9¢ 13024
Ulloge rockets Fire {1st burn) 341.0° 341.2 R
Payload interface connector Fire 1526.9* -*
Telemeter signol acquire ,
(Antigua, Stotien 9.1) - 3520 Paylead pin pullers Fire 15319 1531.8
Gas Generator 1 Fire (13! burn) 353.0° 3530 Ageno—Ranger separation
complete - -
Thrust attainment, 909% P,
(1st burn) 134.5° 38544 Initiate 180 deg/min yaw rate 1534.9* 1534.7
Telometer signal loss Remove yow program 1534.9* .595.0
(Cape Canaveral, Station 1) - 4730 Transter to 5.55 deg/min
Engine cutoff, 70%P. (15! burn} 506.6° 508.4 pitch rate 1534.9 15950
Burning duration (13t burn) 151.7 154.0 Telemetry signal loss
I {Ascension, Station 12) - 1640.0
Horizon scanner position squib
Fire 523.0° — Retrorocke! Fire 1921.9¢ -
sAdjusted for primory D-timer start of 292.0 sec. SAdjusted for primary D-timer restort of 1263.9 sec.
*Not avsilable. *Veritication of event only.

cAdjusted for restart D- timer start of 252.9 sec.
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exhaustion of guidance gas caused vehicle tumbling in
all 3 axes.

Vehicle tumbling apparently prevented proper pro-
pellant ullage control. Engine shutdown occurred imme-
diately after 2" burn ignition, probably due to ingestion
of pressurization gas. Second burn ignition imparted
approximately 8.2 m/sec impulse to the vehicles. The net
loss of approximately 3176 m/scc of velocity *o be gained
during 2" burn resulted in an Earth orbit having an
apogee altitude of only 146 mi.

Spacecraft separation and Agena B retrorocket firing
occurred at the proper times. No 180-deg vaw mancuver
was performed by the Agena B due to guidance gas
depletion.

b. Postinjection. The characteristics of the postinjection
trajectory (Ref 3) are presented in Table 7. These are the
best obtainable parameters using the ODP. The final orbit
of Ranger 11 will be determined by Goddard Space Flight
Center using techniques developed especially for low
altitude satellites.

Table 7 presents only 1 representative orbit since the
lifetime of Ranger 11 was approximately 1 day. The decay
due to drag was significant after the 1" several orbits.

c. Standard and actual trajectories. A comparison of
standard and actual trajectory parameters is presented
in Tables 8 through 12. Table 8 compares the sequence
of flight events, Table 9 compares the Atlas coast apogee
conditions, Table 10 compares the parking orbit param-
eters, Table 11 compares the injection conditions, and
Table 12 compares the orbit parameters at injection. In
general, satisfactory agreement exists with the exception
of Tables 11 and 12 which show large differences since
nominal injection was not obtained (Fig 1).

Table 9. Atlas coast apogee conditions

Table 10. Parking orbit parameters

G.E.~Burreughs
Parameter Predicted [\, o« | o5 Veco | 0.1
sec sec
Inertial velocity, m/sec 5646.4 5650.7 5652.5
Altitude, km 185.5 185.9 1043
Orbital inclination, deg 32614 32.605 32.603

*Yernier engine cutoff.

Parameter Nominal JPL dote
Periges, km 6561.4 6502.331
A Periges 591
Apogee, km 65751 6640.055
A Apogee —65.0
Period, min 88.3 88.354
A Period —0.1
Eccentricity 0.00105 0.0105
A Eccentricity —0.00945
Apogee—perigee, km 137 137.724
inclination angle, deg 32.584 33.173
Node §!, deg — 336.62
Argument of perigee, w deg —_ 54,04
Position of epoch, w + Y., deg —_ 137.76
Epoch —_ November 18, 1961
8:20:49
Table 1). Injection conditions
Parameter Predicted m::'ﬁm
Time from lounch, sec 1371.4055 1282.9
Rodivs vector, km 6568.9782 6598.3621
Earth-fixed velocity, m/sec 10,507.0210 7363.8872
Earth-fixed flight path, angle, deg 1.7238 0.1951
Geocentric lotitude, deg —9.0679 ~—5.683)
longitude, deg 3461921 339.54)
Eorth-fized azimuth, deg 122.8447 124.9052
Table 12. Orbit parameters
Ceonic p fors ot injecti Predicted Actual
Twice total energy/unit mass C;, km’/sec’ —~0.621,909 | —60.5798
Angulor momentum C,, km’/sec 72,150.0 s1L212.1
Semi-mojor oxis 0, km 640,934.0 6579.80
Semi-minor axis b, km 91,4880 6579.75
Eccentricity o 0.989760 0.004292
Period of revoluation, min 85,104.0 00.5274
Inclination of the plane of the orbit to
the equatorial plane i, deg 32.6557 33.23183
Longitude of the ascending node (I, deg 325.832 336.4170
Argument of perigee w, deg 193.644 59.0854
Closest approach distance, km 6561.43 6551.57
Apoges distance, km 1,275,304.5 6600.04
Time from perigee passage, sec 34.82 1931.8
Truve anomaly v, deg 3.33910 131.2020
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B. Engineering Mechanics

1. Equipment Packaging

The major portion of the Ranger RA-6, -7, -8, and -9
equipment packaging remains unchanged from the RA-3,
-4, and -5 configuration. However, there are some
additions and changes which were necessitated due to
repackaging of the L-Band communications assembly,
the replacement of the scientific instruments and telescope
electronics assembly of Electronics Assembly 11 with the
S-band ranging experiment, and the addition of scientific
instruments for radiation measurements,

a. Electronics Assembly 11, L-band communications.
This assembly has been completely repackaged to incor-
porate the electronics and other RF cquipment into
standard module form. The drawings of this new assem-
bly have been released and many of the subchassis and
assembly chassis have been ordered or delivered. A band
separator will be housed in the communications chassis
when the S-band ranging experiment is flown. This addi-
tional subassembly will be used on RA-S and 9.

b. Electronics Assembly HI, S-band ranging experi.
ment. This assembly will be flown only on RA-S and -9,
and will require dummy modules for RA-5, -6, and -7, In
addition to the modules required tor operation of the
S-band ranging experiment, 4 modules of the data con-
tioning system will be housed in the  assembly case for
RA-3 through -9. Drawings of the S-band subassemblies
are in process and procurement of the associated pack-
aging hardware will follow.

¢. Scientific instruments. These instruments consist of
3 radiation experiments: a tisswe equivalent ionization
chamber, a particle flux detector, and a Ncher-type
ionization chamber. The particle flux detector and the
Neher ionization chamber are similar to Mariner R con-
figurations. The tissue cquivalent jonization chamber iy
a completely new unit.

Due to procurement scheduling problems of electronice
equipment, the Neher ionization chamber will be aboard
the RA5 through -9; the particle flux detector and the
tissue cquivalent jonization chamber will be on RA-S
and -9. The addition of the latter experiments will reguire
shifting  the associated  electronics  within Cases I
ana ...

2, Spacecraft Design

a. Mechanical and  structural system.  Analvsis of
telemetry data from the Ranger Iand 1 Blights indicates
that the spacecraft mechanical and structural system
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functioned properly; no modifications to these arcas are
necessary  for future flights. Despite the nonstandard
orbits attained in these flights, it was possible to analyze
the spaceeraft temperature data, It is concluded that the
temperature control system of the spacecraft  functioned
satisfactorily on these flights, and also would have done
s0 had the spacecraft attained the proper orbits,

For Rangers RA-6, -7, -8, and -9, the electronic and
structural requirements for the high gain L- and S-band
antennas require no changes to the existing Agena-Ranger
interface, thus ensuring complete interchangeability.

similarly, the mechanical and thermal interfaces be-
tween TV capsule and bus require only minor differences
in fittings and paint patterns. The basic requirement of
bus interchangeability between Ranger RA-3 and -6 type
missions remains unimpaired.

3. Modal Vibration Tests

Mode shapes and natural frequencies have been inves-
tigated for the Ranger RA-3 vehicle. The test vehicle was
the Ranger proof test model, which is structurally the
same as RA-3. The test specimen was mounted to a rigid
support ring, which in turn was bolted to a concrete floor.
Several modal vibration shakers were used to excite the

—

Figure 2. Setup for angle vs torque tests
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various normal modes. Significant results were
natural vehicle cantilever frequencies of 16.1
163, 345, and 35.1 cps and a natural vehicle
torsional frequency of 37.8 cps. Structural damping
coefficients were found to be .04 in the I mode and
0.08 in the 27 mode.

A shake test was conducted on the freely suspended
Ranger RA-3 dynamic equivalent mockup (Figs 2, 3). The
purpose of the test was to allow investigation of the
vehicle angle versus applied torque for a limited fre-
quency range. The test verified the theoretical calealation
for this frequency range.

! ‘\‘

nd

--

Figure 3. Freely suspended Ranger RA-3
dynamic equivalent mockup

C. Propulsion

The Ranger spaceeraft will perform a single mid-course

propulsion  mancuver to remove  or reduce  the

injection dispersion errors,

10

This maneuver will be accomplished using a small,
monopropellant hydrazine-fueled propulsion system of
50-1b vacuum thrust. This propulsion system will be capa-
ble of delivering a variable total impulse in conjunction
with an integrating accelerometer system.

All valving functions on the propulsion system are
accomplished  using  explosively actuated valves. On
Rangers RA-5 through RA-9, recently developed dual-
bridgewire hermetically sealed squibs will be used in the
explosive valves in lieu of single-bridgewire squibs to
attain a high degree of reliability. A detailed description
of the propulsion system, the operational design philoso-
phy, and a system schematic are contained in SPS 37-3.
Developmental progress is reported in SPS 37-3 through
37-12,

During this reporting period, project activities have
consisted primarily of fabrication and procurement of
parts for the RA-5 through RA-9 propulsion systems, flight
acceptance testing of the parts, and the generation of
specifications and operating procedures required for pre-
launch and launch activities.

D. Lunar Capsule

1. Introduction and Summary

Under subcontract for the development of a complete
lnnar capsule subsystem, Acronutronic Division of Ford
Motor Company is supplying a lunar seismographic cap-
sule and ancillary equipments for Rangers RA-3, -4, and
-5. As the Ranger spacecraft approaches the Moon, the
capsule will be separated from the spacecraft and braked
to allow a survivable landing which will emplace a sensi-
tive scismometer on the lunar surface. Data from the
scismometer will then be relaved to Farth receiving
stations.

As a result of the simulated huinar landing (SLL) tests
and subsequent mechanical modifications, a series of
separate, major developmental tests were instituted on
the capsule electronics, the ordnance assemblies, the
insulation and thermal control system, and basie struc-
ture of the survival sphere and the impact limiter.

Two subassemblies of the survival sphere, the main
batteries and the voltage-controlled subcarrier oscillator
(VCO), both fabricated under subcontract, developed
problems. Both had been previously qualified and were
regarded to be nearly finished items. Because of changes
or crrors in fabrication procedures, the units delivered
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failed in late development tests. Efforts were required in  completed landing spheres to provide necessary assur-
design and quality control {0 make required revisions  ance that the revised parts were qualified in a manner
and produce new units on a schedule consistent with  consistent with the entire sphere.

design proof testing to meet the flight schedule. A parallel

VCO effort was also instituted. All the vendors are now The altimeter has been completed, and Wiley Elec-
delivering units constructed to rigid process standards on  tronics has delivered them on schedule.

the required schedule.
q The retrorocket program, after an extensive staffing

Two final design proof tests of complete landing  revision, has proceeded well. Previously encountered fail-
spheres were planned, 1 an airplane drop, the other a  ures were successfully diagnosed, and corrections were
testing machine impact. Tests were delayed several weeks  confirmed by test firings. The support structures, squibs,
by unfavorable development test results and subassembly ~ clamps and associated equipment, and the power and
deliveries. Furthermore, it was deemed necessary to  sequencing assembly are completed and available for
introduce 2 more design proof test impacts of partially  flight.

Table 13. Design proof test program summary

Test No. Component Completed dote Resuits

st Separotion clamp 11.27-81 Change in clamp configuration to add guord for radiation shield retroc-
tion and minor chonge in elecirical contocts required repect of
seporation test 1o obtain tip off impulse ond seporation time, and
repeat of shake test. Clamp seporation met specification.

82 Spin motor 12-20-61 Test fAixture problems held up test. Five ds fired fully. Design
adequate for fight.

[ 7] Explosive bolt cutter 11-17-61 Design qualified.

[ 4] Altimeter 9-15-61 Detign quolified.

86 Payload (seperation) 9-9-61 Design qualifled. Separotion meets specificotion.

[ 4 Major capsule structure 8-11.61 Design quolified. Structure good for all Aight loads.

[ ] Landing sphere 11.24-61 Thirteen test uboc‘n bml' end nl'od \vi'h vorying degrees of success
to yst Final test on S/N
0"-5 w«oulul. Mocn fight requirements.

» Acceleration switch 11-8-61 Design qualified.

810 Retromotor igniter squib 9-6.61 Lot qualified.

(1] Copsvie battery - Foiled in Nov. Battery redesigned for 2™ time. Batery structure suitable
for impoct. Failure was due to internal leckoge not coused by environ-
mental tests. Additional battery now being tested.

[ 1} Retromotor structure 3.6} Design qualified.

[)7] Caging pin motor 10-10.61 Lot quolified.

s Squib switch 10-28.61 One lot previously rejected. Present lot accepted without sterilization.

. " 10-2-61 Addition of structural members will require repeat of shake port of test

(1) Altimeler support and erection system

{structure and function) and scheduled Nov. 20 and 21.
12-6-61
10-21.61 Design qualified th Ity. Final design of support ond retraction system
() V4 Thermal rodiation shield (thermal test) fabricated for design proof structural ond vacvum cold retraction test.
12.18.8)

(1] ] Thermal control valve 9-7-6% Lot quolified.

(114 Capsule positio. swilch 11-8-81 Design qualified.

820 Bulkhead terminal seal 10-6-61 Lot qualified.

[ Y] Power and sequencing assembly 12.22.61 Initial 00" failed bocouu ol bc"cry loﬂory redesigned. Also power and

inclvde arming timer. Develop-
mom mn gave good vowm Fomcl design proof test gave good
resvlts.

823 Penetrator (venting) squib 10-24-61 Lot qualified.

824 External wiring 9-1.6) Successful. Tested with B7 and B14. Also tested in joint systems tests at
JPL. To be retested.

826 Altimeter battery 12-22.61 One ESB batery (alternate design) failed in Nov. test. Yardney battery

pack partially failed in Dec. After design modification both batteries
are acceplable.
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2, Test Program

a. Design proof test. The lunar capsule design proof
test program has been completed on schedule during this
reporting period with 2 minor exceptions. The survival
sphere battery is still under electrical test and several
rounds of the spin motor qualification test remain to be
fired. The spin motor qualification will be completed in
early January. The battery is being tested for long term
discharge to simulate the flight batteries. Status of each
of the major design proof tests is shown in Table 13.

b. Acceptance testing. Implementation of formal
acceptance tests for assemblies and parts fabricated for
flight use has continued during this period. With the
exception of the batteries to be used in the power and
sequencing assembly and in the altimeter, all parts to
support the Ranger RA-3 have been tested. Testing will
continue during the coming period on parts and assem-
blies to be used in support of Rangers RA-4 and -5. Test
plans, previously prepared, have been maodified in some
instances to improve the tests or to reduce the time
required to perform cach test.

¢. Landing sphere development and qualification
testing. During this reporting period, the developmental
and qualification program has been successfully con-
cluded in a final demonstration design proof test of a
complete landing sphere. The first tests of major signifi-
cance, beyond the initial subsystem empirical develop-

mental tests, were conducted in May in the initial
simulated lunar landing tests. All major objectives of
these first tests were met; it was demonstrated that the
laboratory impact tests were adequate for further testing
of landing spheres and survival sphere systems.

As a consequence of these tests, however, the mechani-
cal design of nearly every portion of the survival sphere
was revised or modified to produce a more reliable over-
all system. All of the development involving these changes
was conducted on a series of separate but major tests on
the several, separable subsystems of the survival sphere.
Detailed revisions of the final design were not com-
pleted until the fabrication of DPT-5, the final test
vehicle. Table 14 shows this developmental process. Table
15 indicates in more detail failures observed and infor-
mation gained during this testing process.

DPT-4. The batter'~s in this unit failed during the
buildup phase of the unit. Since there was insufficient
power for operation of the timer and other equipment,

functions depending on electrical power could not be
tested.

The capsule was balanced and subsequently fired on
the Hyge testing machine at 168 ft/sec and impacted at
90 deg. Following this the penetrators were fired with an
external power source. There was no visible damage of
the payload due to impact or to the penetrator blast.

Table 14. Londing sphere test history

T anctionsl equipments
Teost
vehicles conmarond | o | trecen Vorting | el Sontrel | Tree- Mol Settery
insulotion coge amplifier food

oPr-1 e _ _ . _4 e e _ ) .
D’t’ 2 -‘ — _ J— _‘ _l _‘ _f _l
v o _ _ _ _ _ _ _ e
1Tv-2 _r . _e _ _ . _ . s
1Tv-3 _» . _ —_ _ _ ¢ . .
1Tv-4 _r _ _e _ _ e e ¢ _ !
BOV.1 _r . _a _ _ . — _ _
ETV-1 _. _ . - 0 . _ _ _
o1 o e _ _ _ _r _ . _r
oTv-2 _r ) _e . __ —_r _¢ " _r
sTV-2 e _ _ _ . ) -t e _
DPT-3 . . . _r —_ —_ - — -t
DPT-4 - _ . _ e —r " - — _
DPY-5 . e o e ) _ . ) _

*Good resuits.

SPailure.

* Tosted but with some deviation or only a partial system,

“No fest.

12
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The DPT-4 vehicle limiter and upper insulation shell
half were removed after sled impact. The necessary
instrumentation for conducting a thermal boiloff test
was installed. The upper half of the insulation shell was
installed and sealed inside the impact limiter. This assem-
bly was subjected to vacuum in the high-altitude test
facility. The test could not be completed due to a small
leak in the brazed aluminum payload structure, which
prevented evacuation of the chamber and insulation.

The insulation and shells were removed and placed on
a dummy structure equipped with carbon resistor heaters
and a thermistor for temperature measurement. The
antenna coax and caging device wires were also installed
resulting in a representative thermal mockup which was
placed in a double wall, liquid nitrogen-cooled vacuum
chamber. An equilibrium heat rate of 3.05 w was estab-
lished with the payload temperature being maintained
at 32°F and the chamber at —320°F.

DPT-5. Initial electronic system checks were made
on November 20. The transmitter frequency measured
960.14085 mc, the VCO 558.3 cps; the sphere was bal-
anced the same day. On November 24 the capsule was
sub,octed to a Hyge impact. The preimpact velocity was
151 ft/sec. Frequency measurements made before and
after impact are:

Relative time Transmitter frequency, me
Before 960.14240
After 960.13940
After % hr 960.13891
After 1 day 960.13944

Both penetrators fired 15 min after impact. The sphere
was observed to roll over a few degrees as a result of
the firing. The sphere was resting on the smooth concrete
of the Hyge pit floor. Subsequent measurement of the
angle between the axis of the payload and vertical was
about 28 deg. This is attributed to displacement duc to
the penetrators. The postimpact caging mechanism func-
tioned as it should.

The DPT-5 insulation was constructed identical to the
Ranger RA-3 units using 31 layers of 0.0085-in. thick
Dacron felt interlined with 30 layers of 0.00045-in. thick
aluminum foil and 0.0048-in. thick Dexiglas paper. Insula-
tion muffs were sewn around all holes and equator. A
preimpact thermal test was performed on the insulation
with resulting equilibrium heat rates of 2.08 w at 33°F
and 2.42 w at 87°F while enclosed in the - 320°F vacuum
chamber.
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A postimpact thermal test was performed by removing
the insulation muffs and shells and installing them on the
dummy payload structure. The caging wires and antenna
coax were installed during both tests. Three equilibrium
heat rates were established during this test. The first was
3.15 w with the dummy payload at 199°F and the cham-
ber at 76°F. This approximates the lunar day environment
with the heat loss in the opposite sense. The other 2 were
run with a chamber temperature of —320°F with result-
ing heat loss rates of 3.80 w at 68°F and 3.37 w at 33°F,
The increase in postimpact heat loss over preimpact can
be attributed almost wholly to the radiation foil surface
inside the shell, which was damaged by the penetrator
blast. There was no apparent physical damage nor appre-
ciable shifting of adjacent layers due to the Hyge impact.

3. Equipment Status

a. Weights and performance.

Weight control. Latest revisions to the capsule weight
status are presented in Table 18. Also shown is the previ-
ous evaluation. The changes shown reflect redistribution in
the classification of potting materials and wiring in order
that the categories be more meaningful in weight control.
Accompanying this table is Table 17 which gives weights
and center-of-gravity stations. Final weight trimming by
adjustment of the impact limiter weight kis been
employed to achieve the particular retrovelocity incre-
ment. This weight trimming w. s not accomplished until
completion of the retromotor qualification tests, which
provided accurate motor performance data.

Performance. Final evaluation of the expected inflight
performance for the whole lunar capsule system is now
in process. Table 18 gives current estimates of the vari-
ances of capsule axial velocity, transverse velocity, and
altitude at retromotor burnout. The transverse velocity
data ‘or the spin motor and retromotor are estimates
based on limited data and are believed to be conservative
to a factor of 2. Considerably more experimental and
analytical effort would be required to refine these esti-
mates, although further analysis continues.

Mean values and 95 percentile points are estimated as
follows:

Parameter Mean value | 95 percentile
Burnout altitude, ft 930 -
Vertical velocity, ft sec 105 140
Transverse velocity, ft/sec 110 214
Impact velocity, ft sec 156 235

13
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Table 16. Lunar capsule weight summary®

Table 18. Dispersion estimate

Expecied Provieus
Compeonent RA-3 capsule
welght, b welght, Ib®
Retrorocke! poylood
Survivel sphere
Electronics, ontenna, batteries
and wiring 240 24.3
Structure, insuiation devices 13.5 127
Water 3.6 37
Selsmometer 7.8 7.8
Flotation fluid and euter shell 8.2 8.2
Survival sphere fotal 57.1 56.7
Impoct limiter 2.2 7.1
Vibrotion dompers ond clomp 1.0 [ ]
Balonce weights 0.3 —_
Control timer, batteries, and wiring 1.2 14
Motor heat shield 0.2 -_—
Totol retremotor poylecd 92.0 9.5
Motors
Retrorocke! meter and igniter 44 2133
Spin moter, igaiter and attachment 24 23
Tolal separete weight 308.8 Ny
Bus mounied equipment
Altimeter and antenna 6.6 6.6
Alimeter support and doployment 2.1 20
Meler suppert struciure and seperotion 38 36
Bus interface J-box end connecters 1.0 0.0
Hoot shiold 34 30
Tolel lunar copsvie 3287 m
sAs of Docomber 13, 1961,
SExpocted wolght as reperted in $PS 37.12.

Contribution fe burneut dispersion, rms
Subsystem Transverse Axial Slant renge
velecity, velecity, to surface,
ft/sec ft/s0¢ #
Bus 56.6 200 240
Mechanical alinement 10.6 —_ —_
Ahimeter _— -— 78
Separation clomp 1.0 — —_
Spin moter 5.0 0.2 20
Power ond sequencing
assembiy _— _— 7
Retromotor 40.5 16.0 235
Root Sum Square [ 34 25.6 356

lots were used. Qualification test firings used samples
from each of the grinds.

The manifolds were treated as a separate subassembly.
At the present time, all but 3 of the qualification and flight
motor manifolds have been completed. The last 3 are in
final stages of assembly.

Final assembly has been specified on 7 motors. Of these,
the last 5 were assembled with the sterile technique.

Qualification tests. Five qualification tests have been
conducted. The general specifications and results are tab-
ulated below. All firings were conducted at ambient
conditions. Firing results normal indicate no unusual
characteristics of ignition, thrust buildup, torque level,
total torque impulse, or thrust unbalance.

Table 17. Operational schedule of weight, center
of gravity ond inertio

Weight, | €o-(2) Inertie
Configuration ’ 4

» in. Roll Pisch Yow
Lownch 2287 | 492 3.28 nw | nas
After soparation | 3008 | 4482 2.51 0.8 9.34
Al burnout me | arz 0.02 2.43 243
At impoct 03 | 27 067 0.66 0.66
b. Spin motor.

Motor production. All motor grains were cast in a
continuous production run between October 18 and
November 10, 1961. Propellant for the motors was mixed
and cast in 1.Ib lots, using single lots of constituents
except for the oxidizer. Because of equipment limitations
in lot size for oxidizer grinding, 4 different oxidizer grind

Test number | 104 114 118 127 130
Test date,

1961 11-17 [11-20 }11-27 124 12-11
Cast date 11-10 [10-28 [11-2 11-1 10-26
Onxidizer

grind 43 42 43 42 41
Motor con-

ditioning | Special | None | Vibration | Complete | Complete
Results Normal| Normal| Normal | Normal Dllt:d not

u

Motor installation. A number of tests were conducted
to determine the load deflection characteristics of the
retromotor closure plug and the spin motor under installa-
tion loads. It was determined that a preload of 40 1b on
the spin motor will prevent rattling during vibration and
will not cause excessive loads on the closure plug.

Velocity increment due to z-axis component. Total
torque impulse imparted by the spin motor is computed
from the results of qualification firing, for which accurate
computer results arc available.
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Total thrust impulse in vacuum

_ 2834 X251 _ 156
Tie = "g&512 X140

Thrust impulse on z-axis = 142.5 tan 10 deg = 25.1
1b-sec.

Velocity increment

\%

= 142.5 lh-sec

25.1

(= W = 2.62 ft/sec

At separation, the capsule weight = 308.4 1b, and the
Lo = 251 slug-ft,.

The spin motor characteristics are:

Area ratio r = 34
y=125
10 deg
Nozzle radius = 6.65 in.
Cy,, = 1.4 (sea level)

Cro = 1.58 (in vacuum)

Nozzle angle

c. Retrorocket. During the period November 20
through 30, 1961, lunar capsule retromotor acceptance
tests were accomplished at the Amold Engineering and
Development Center (AEDC) test facility. The following
report is a brief analysis of results of these tests, and
a summary of capabilities of the 5 flight motors for
various lunar impact trajectories. More detailed informa.
tion may be obtained from Reference 3.

The data presented indicates that performance is con-
sistent with predictions of the early analysis. Some degree
of deterioration of the aft 1 in. of the nozzle cone was
observed in later stages of burning (Fig 4). This deteriora-
tion demonstrably does not affect axial performance or
reproducibility to a significant degree. Analysis has shown
the effect on cross axis dispersion to be within acceptable
limits. A relatively minor effort could resuit in a fix for
this problem, but it is not considered feasible or neces-
sary for the immediate missions.

Eleven unfired motors remain in the program. Five
are designated for flight missions, 2 for surveillance fir-
ings later in the program, and the remaining 4 are the
result of not being able to obtain schedule time in AEDC
to fire 12 motors in the acceptance tests.

The 6'" in the series of 8 acceptance tests was destroyed
at 6.1 sec of burning due to an obturation failure associ-
ated with the pressure measurement system. It is con-
sidered most likely that the failure started in 1 of the
pressure fittings; however, the data was such that the
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Figure 4. Postfire view of retrorocket Motor 45

exact start point could not be isolated. All indications
were, however, that the failure was not motor induced
and the firing was considered no test of the motor.

Photographic records of the acceptance tests show that
the nozzle exit cone aft of the spin motor index notches
suffered deterioration in the later stages of burning. The
deterioration is characterized by flaring of the portion of
the nozzle aft of the notches and subsequent visible
breaking up of the aft edge of the nozzle. The flaring
starts nominally at 60% of burning, and visible deteriora-
tion of the aft edge commences at about 80% of burning.
No visible asymmetries were detectable either in the
Raring or subsequent breakup.

The 9 and 10" firings of the series contained a
strengthening member of aluminum on the exterior of
the nozzle cone. The fix worked well on the 9 test
and held the geometry throughout buming. The alumi-
num support slipped forward on the 10** firing and
allowed flaring of the nozzle at about 90% of burning.
Neither the 9™ or 10** firing showed any significant
difference in axial performance. The data will be dis-
cussed later in this report.

Indications are that the tipoff is acceptably small; no
steps were taken to reinforce the nozzle for the flight mis-
sions. Since tipoff was not measured in the acceptance
tests, no further treatment will be accorded it in this
report.

With the above exceptions, testing proceeded satis-
factorily and the motors performed as expected.

Velocity decrement and payload. The unbraked veloci-
ties for Rangers RA-3, -4.and -5 differ slightly and depend

17
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on the firing date. The payloads will be adjusted to pro-
vide braking to 0 velocity for each. It is necessary to
adjust the unbraked velocity to account for lunar gravity
effects during braking. The incremental velocity correc-
tion is:

(1)

where

rs = motor burn time

b = distance above lunar surface at motor ignition

&w = lunar gravity (5.3 ft/sec?)

V, = average velocity of unbraked capsule

Motor burn time for this computation is the total action
time and differs from burn time as defined later in this
report. The demonstrated total action time at 70°F is

9.90 sec. Adjusti~ to the expected temperature at igni-
tion of 87°F the action time would be 9.96 sec.

Four trajectories are selected. The quoted values and
corrections to include Moon gravity are given in Table 19.

Table 19. Quoted values and corrections

Hring dete, | Unbraked impact “:-' gravity | Retre :lo'l:‘cm
1962 velecity, #/s0¢ rrection, roq ,
4/ s0c #/s0c
Janvary 8016 23 8039
April 0604 23 717
June 8570 N 859)
duly 8537 n 8558

Decrementa. velocity imparted to the capsule is obtained
from

Va=Veln(W,/Wy) +V, (2
where
V» = velocity decrement
V. = motor exhaust velocity = (I,. X g)
W, = initial weight
Wy = weight at burnout
V. = velocity imparted by the spin motor

Table 20 is a summary tabulation of parameters derived
from the acceptance test firings. The statistical summary

Table 20. Summary of retremotor performance from the acceptance fests

Totel Postlire Bum Ignitien Spocific Specific Exhavst
Propeliont Enpolied Distance
Run Meoter weight, weight, time, tme, impulse | impuise velecity
» weight, b | weight, Ib » sec [ 1., voc se, 00¢C xn Ve, W/00¢
k4 03 212.68 191.2¢ 194.62 19.06 9.490 0.04) 75.67 270.92 48,490 8707
» 04 214.5) 191.24 194.49 20.02 9.504 0.085 275.73 271.14 49,000 714
ko 0s 212.96 191.26 194.08 19.08 9.633 0.035 275.08 270.75 49002 8702
42 06 214.40 191.06 194.70 19.78 9.694 0.050 276.42 271.23 49,423 718
40 07 213.68 191.20 194.24 19.34 9.524 0.073 275.62 7116 48,876 [ YAK{
[ ] No Test—prassure lost ot 0.2 sec and flome-out ot > & sec
42 09 21,4 190.03 193.18 20.1¢6 9.470 0.048 27591 271.44 40,632 8724
45 10 214.65 190,78 194.78 19.07 9.552 0.048 J 276.10 270.43 40,572 3692
Statistics
Maximem
Jerameter Meen Deviatien, 1 ¢ deviet

1., s8¢ 27591 0.28 0.51

oo, s0¢ 271.04 0.24 0.58

V. (g = 32.140 f1/sec"), wi 10 19

ft/sec

i, sec 0.053 0.011 0.022

b, sec 9.564 0.08 0.120

X, 48,868 250 555

Note: Va = 8816 f1/sec; Ty = T70°F; weights at g = 32.146 #1/sec?. Reduction of 0.01% y to adjust for g — 32.140.
*Stem potted, no pressvre readout.
18 CONFIDENTIAL
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in Table 20 shows the uncertainty in exhaust velocity to
be 10 ft/sec. To obtain the uncertainty in velocity decre-
ment, Equation (2) is repeated.

A
ot, = (InAg)tat, + (T) o, 3)

Two additional terms are required in Equation (3) to
represent the uncertainty in measurement of V., and the
uncertainty in V,.

The measurement error contains not only the instru-
mentation uncertainty, but also some error in grain tem-
perature. The absolute instrumentation error is 0.12% 1 o.
An estimated value of grain temperature error in the
tests of 1°C 1 o will be used. The early estimates of mass
ratio uncertainty are consistent with weighing methods
and observed expelled weights and will be used here.
Velocity uncertainty due to mass ratio uncertainty is 8
ft/sec. A breakdown of the contributions is:

Source 10, ft/sec
Mass ratio 8
Grain temperature (1°C) 4
Exhaust velocity 9
Instrumentation 10
Total (rms) ﬁ

The effects of grain temperature and the exhaust velocity
are included in data in Table 20. The contribution of
instrumentation error, while very small, represc.ts the
largest uncertainty in the system; without it the rms value
would be 13 ft/sec.

Distance traveled during burning. The retromotor mis-
sion requires knowledge of the distance traveled during
the braking operation. A mathematical model was used
to predict the distance and its expected deviations.
Equations for a vertical approach are

]
X)) Xot V- / Ve (@)dé ' dgnr® ()

¢
v [k -

where
X - distance traveled
X, = initial value of distance

Va

Il

initial velocity

CONFIDENTIAL
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¥,{ = dummy variables

Equation (4) is not amenable to analytical solution so a
simplified neutral burning model was assumed.

/ "V, (8)d = 14 V,[ 1+ = ln A,,] (6)
0 B

In order to obtain the true value of exhaust velocity,
it is necessary to take into account the effect of air buoy-
ancy and gravity variation on weights and the calibration
system at AEDC. The above model, while useful for pre-
dicting performance, is not adequate for flight missions.

The thrust data taken at AEDC was used in conjunc-
tion with a calculated mass versus time to perform a
numerical integration of the thrust-to-weight ratio.

™ ¢
X(rp) - Virn K/: A ’ﬁ’:/"g% d{d¢ (7)

The system weight was computed as follows:

W(r) = ~KF,(1) (8)
/ F.(Hdt '

wn - w,-KI.(1)

where
W (1) = rate of weight expulsion
K-
W -

constant

expelled weight
1, = vacuum impulse
F, -~ vacuum thrust

W (1) — system weight

W, = initial system weight

These weight computations assume a constant thrust
coefficient, exhaust gas composition,and combustion tem-
perature. A similar function of motor chamber pressure
could be used; however, in this case, the thrust data
is considerably more accurate.

Trapezoidal integration of the vacuum thrust dividea
by weight was performed at 0.1-sec intervals for each of
the acceptance tests. Table 20 contains a tabulation of the
results with a computation of deviation. In each case,
the inert weight, or payload, was adjusted to obtain a
velocity decrement of 8816 ft sec. Minor variations in
propellant existed from motor to motor. It was expected
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that the calculated distance traveled would vary accord-
ingly; however, the data available was not sufficient to
establish a trend. Very likely the change is so small as to
be obscured by other uncertainties.

An effort was made to condition each motor to a tem-
perature of 70°F prior to firing. It is felt the conditioning
was no better than 70 + 2°F, however, and an additional
uncertainty existed due to dwell times in the test cell
ranging from 2 to 4 hours at temperatures ranging from
65 to 75°F. Distance and burn time for Run 8 are suffi-
ciently different from the mean to suspect a temperature
problem. A temperature difference of 5°F would place
this point on the mean.

Motor burn time and ignition time. Effects of these
parameters are included in distance data shown in
Table 20 because distance integration was performed
from receipt of the ignition pulse to complete burnout
of the motor. It may be of some interest to discuss their
values since both figured in the early predictions of dis-
tance deviations.

Burn time, 75, is defined as the time from receipt of
ignition current to the time when 99.5% of total impulse
is delivered. This definition is taken to avoid some of
the instrumentation uncertainty in defining the time of
0 thrust. Burn time then includes the ignition time.
A grain temperature uncertainty of 1°C 1 ¢ (1.8°F) and
an ignition delay uncertainty of 3.3 times 10 * sec 1 ¢
were assumed in the predictions. It is expected that tem-
perature uncertainty in the AEDC tests was consistent
with that estimate; however, the ignition uncertainty was
observed to be 0.011 sec 1 0.

Observed deviation in burn time is shown in Table 20
to be 0.08 see 1 a. This value gives a value of distance
uncertainty about twice as large as that obtained from the
acceptance tests.

Flight w:- ©  parameters. It is necessary for the flight
mission that payload capability for the mission be speci-
fied to obtain correct decremental velocity and that the
distance traveled while burning be specified.

Payload and velocity decrement. The data in Table 20
gives cxhaust velocity as 8711 ft sce. This value must
be corrected to conditions expected in flight. The corree-
tions consist of (1) weight, (2) gravity, (3) grain tempera-
ture, and (4) expelled weight.

(1) Weight. As discussed previously, the total weight
correction is 0,02 Th for the total unit weights
taken at Bacchus. The postfire weights were taken
at AEDC and the gravity value at AEDC is used.

20

(2) Gravity. Gravity to be used in V, calculation must
be consistent with that used in the thrust measure-
ment calibrations. This value is the AEDC local
gravity 32.140 ft/sec.

(3) Grain temperature. All units in the acceptance test
program were fired at a nominal grain temperature
of 70°F. The nominal grain temperature at igni-
tion for the flight missions is expected to he 67°F.
The sensitivity of V, to grain temperature is
0.0129/°C; hence,a correction of —0.02% is required
to compensate for the lower expected temperature.

(4) Expelled weights. The average expelled insert
weight from Table 20 is 3.58 Ib. However, the 9
and 10'" firings were made with a nozzle reinforce-
ment which altered the expelled weight values.
It is believed more accurate to use the values of
the remaining tests only for an average of 3.41 Ib,

The flight motors will contain a spin support and igni-
tion system which is ejected at first chamber pressure
rise. This weight is not considered a retro weight.

Utilizing the above corrections the observed 8711
ft 'sec, the corrected exhaust velocity for the expected
flight conditions is 8710 ft ‘sec.

Five motors are available for flight missions. Physical
parameters of these motors are shown in Table 21.
Table 22 shows payload capability for each of the 4
selected trajectories.

Distance traveled during braking. In order to specify
distance traveled during the braking operation it is nec-
essarv to know both motor grain temperature and the
velocity decrement.

The mean grain temperature at liftoff is expected to
be 72.5°F; at ignition it is expected to be 67°F. The
distance sensitivity to grain temperature is:

3. .
X 2201t °C - —122ft °F (1
T,
Table 21. Flight motors
Nezzle clesure
Totol weight, ond spin igni- Propeliont
Grain Care [ tion ossembly weight, Ib
weight, Ib
48 0 21495 0.3¢6 191.4)
49 203 213.80 0.36 190.97
50 204 213.90 0.36 191.29
52 208 21427 0.6 191.32
54 200 214.54 0.36 191.60
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Table 22. Flight motor performance

Va (6t/s0c)

Grain 839 17 | st [ esse

Paylead, Ib

48 91.08 93.58 96.18 96.89
49 91.53 94.03 96.63 97.33
30 91.94 94.44 97.04 97.74
52 91.62 94.11 96.72 97.42
54 91.79 94.29 96.90 97.60

Distance traveled, ft

47,610

48 49,380 ] 48,611 [ 47,818 I

Note: T, = 67°F; g = 32.140 f1/sec?.

Figure 8 shows this result. The mean value of distance
taken from the acceptance tests would have to be
increased by 366 ft to allow for a grain temperature of
67°F. During flight, a thermistor circuit will be used to
bias the ignition signal to provide for grain temperatures
other than predicted. This thermistor circuit will utilize
the slope in Equation (11).

A typical motor configuration was used to run the dis-
tance integrations for each of the 4 trajectory veloci-
ties discussed previously. Table 22 contains a list of the
nominal distance traveled for cach of the available flight
motors at each of the 4 selected trajectories.

The 1 o deviation in distance shown in Table 20
includes the effect of grain temperature uncertainty in
the tests. This value is believed to be about 1°C 1 ¢ and
coincides with the uncertainty expected in flight. Fur-
ther contribution to uncertainty will occur as a result of
exhaust velocity uncertainty, introduced by the thrust
measurement system. As discussed previonsly, this value
is 10 ft sec. Multiplying by the partial derivative of dis-

g %0 [ N P

S ! !

w 8o} ! !

‘é X/l - -122 1/°F

= ‘

@ 70 |

w

Q |

2 ! <
w0, C ‘

2 Vy = 8839 fi/sec ‘ ‘

a ! ! ,

@ s0 | | L U S S G
O 47 [T 49 LY 3

DISTANCE TRAVELED, ft x 103

Figure 5. Grain temperature vs distance traveled
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tance with velocity, 6.3 > 10 63 ft from this source.

The resultant uncertainty is:

a. Y 250¢ t 63 (12)
256 ft

d. Landing spheres.

Survival sphere assembly. Most of the survival sphere
hardware has been fabricated for Rangers RA-4 and -5.
The majority of subcomponents is in an advanced state
of assembly (Fig 6) to support the expected launch dates.

Most of the survival sphere hardware has been fabri-
cated for Rangers RA-4 and -5. The majority of sub-
components is in an advanced state of assembly (Fig 6)
to support the expected launch dates.

Capsule batteries. Considerable difficulty persisted in
producing satisfactory batteries. Two dificulties were
extant in the design previously tested: electrolyte leak-
age, cither external or cell-to-cell; and breakdown of the
separator material, resulting in decreased shelf life. Addi-
tional batteries were prepared incorporating design modi-
fications, and battery performance is now adequate. A
long-term  discharge test is being conducted on 1 of
the batteries to more accurately predict performance of
the flight units already incorporated in landing spheres.
Because of the lack of test data on batteries incorporat-
ing all the design modifications, there is a possibility

Figure 6. Potting and foaming electronic circvit
boards in glove box
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that the batteries used mav not vield the total w o
capacity inherent in the design.

e. External equipment. Basically, all the equipment.
other than propulsion or landing spheres, has been cam
pleted tor the 17 Taunch operation, I some cases,
equipments to be used on subseguent Tumches hiave also
heen produced.

Altimeters. Suceesstul completion ol the design proot
tests on 2 units of the Wiley altimeter was accomplished
with final tests at ADEF. These tests consisted of w0 Tow
trequeney vibration test and a deep space vacuran test
One of the 2 miits has been delivered to JPE for ose
on swatem tests i the fickd, The other iy being used o

turther evaluation and as a4 control on the test equipment,

Delivery of the first 2 flight units was made to ADF,
1 was shipped to AMR for svstems tests with the space
ceraft and was used on the Rancer RA-S,

Support structures Both spares and flight vts ot the
altimeter support and crection stoacture and of the moto
support structure have been aceeptance tested and e

Fie: 7. Capsule assembly showing clamp guard

22

ready for flight, The separation clamps and external wir
ing e completed with these structures and are being
shipped to sapport Laaneh operations.

Power and scequencing assembly Problems were en-
countered in sealing o batters to withstund the cen-
trifugal and vacuum envivonments. These  difliculties
hive been overcome and satisfactory assemblies pro-
duced for design prool test and for flight,

Thermal radiation slicld. A sucecessful demonstration
ol the thermal radiation shield has been accomplished.
A previous test had demonstrated the thermal perform-
ance of the basic design. This configuration was tested
in the Loamch (design prooty vibration environment and
was agin tested functionally for retraction in the deep
space tanh. Figure T shows the capsule assembly with
Marman cJamp voard o place. The gnard senves to
ensure the Myvbar thermal shield does not cateh on the
Marnan clamp during retraction. Figare S shows the
shield in Lomelhy configuration for the design proof vibra-
tion test

Figure 8. Thermal radiation shield

CONFIDENTIAL



CONFIDENTIAL

E. High Resolution TV
Experiment

In support of the manned hunar program, one of the
missions required is a high resolution TV experiment
to be incorporated carly in the Ranger project.

Considerable work had already been done between
Radio Corporation of America (RCAY und JPL on the
vidicon equipment developed for Rangers RA-3, -4 and -5.
Examination of the problem, relating to rapid imple-
mentation of a more sophisticated TV mission on Ranger,
indicated that an extrapolated  development  program
with RCA could result in a TV subsystem at an carly
date. The proposed system would provide a picture of
sufficient resolution to meet requirements of the manned
program. Accordingly. a contract was initiated with RCA
to provide a primary experiment TV subsvstem to mate
with the JPL-produced bus; this bus is to be essentially
unchanged from the seismometer capsule series. Rangers
RA-6, -7, -8 and -9 were selected for the high resolution
TV mission.

1. Mission

The establishment of design requirements for vehicles
that land and operate on the surface of the Moon is
dependent upon an understan ling of the details of Junar
topography. The lack of scientific knowledge collected
in the Tunar environment has handicapped development
and acceptance of a theory for the origin and composi-
tion of lunar surface features. Because of the disturbing
influences of the atmosphere, the best photographs of
the lunar surface obtained from Earth are limited in
resolution to no more than about 600 m. Thus, it is
difficult to evaluate the nature of the lunar surface
environment on the basis of measurements made from
the Earth.

Thus, the primary objective of an advanced Ranger
mission will be to obtain high-gquality pictures of the
lunar surface at a resolution that is sufficiently  high
to enable an cevaluation of the nature of the detailed
lunar surface features. Resolution performance goal for
this advanced mission shall be in the range of 0.1 to
0.5 m, providing the capability to identify small surface
features that will comprise the interface with lunar sur-
face vehicles. Data obtained from these pictures can then
be used to improve understanding of origin and compo-
sition of the lunar surface, and to determine the effeets
of the surface on Tunar landing vehicle requirements.

CONFIDENTIAL

JPL SPACE PROGRAMS SUMMARY NO. 37-13

2. System Description

In order to accomplish this primary mission within the
constraints of the existing Ranger spacecraft system and
supporting facilities, a TV subsystem is to be developed
that will be fully compatible with the present Ranger
spacecraft mechanical, thermal, and clectrical interface
requirements. The major elements of Ranger TV payload
will consist of optics, television cameras, controls, se-
quencers, telemetry, and transmitters needed to acquire
and transform the energy reflected from the lunar scene
into a video signal for transmission to Earth. This equip-
ment will be combined with a space frame and a passive
thermal control design to form a fully integrated payload
that is dependent upon the Ranger spacecraft only for
the receipt of instructions through the spacecraft com-
mand receiver, and transmission of the video signal over
the spaceeraft high gain antenna and stabilization. The
TV pavload will remain structurally attached to the
Runger spacecraft throughout the entire mission duration,
and will impact on the lunar surface with the spacecraft
at conclusion of the mission.

The Ranger TV subsystem will be supported on the
ground by special eguipment at the Goldstone Space
Commumications Station, which will be used to receive,
store, and reconstitute the TV data transmitted from the
TV subsystem. Additional ground support equipment will
be required at JPL, Cape Canaveral, and RCA,

a. Design. For reasons of mechanical simplicity, it is
desirable to use a fined focal length optical system with
the television cameras. With a fixed focal length optical
system, it is possible to trade area coverage for resolution
as the spacecraft approaches the Moon’s surface. In light
of environmental requirements for the pavload, weight
constraints, and problems of packaging and mechanical
integration, it is desirable to emplov the shortest focal
length, dioptric lens system consistent with mission resolu-
tion goal. Morcover, the use of high speed optics to
minimize the effects of uncompensated image motion
by shortening the television camera exposure time is also
proposed. The combination of these factors suggests the
desirability of obtaining a final sequence of pictures at
a minimum altitnde above the lunar surface to satisfy
the high vesolution of the TV mission. Then,
pictures taken at all prior altitudes will
encompass a greater surface area at a correspondingly
reduced resolution. The minimum: altitude for the final
pictures is determined by the time required to read out
the video data from the television camera, and the space-
eraft terminal velocity, The minimum altitude, and thus
the highest resolution with a given optical svstem and
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camera design, will be obtained by minimizing the camera
readout time. However, the minimum readout time is
also constrained by the number of scanning lines (or line
density) required to provide the desired camera resolu-
tion, and by the maximum permissible system video
bandwidth. In the Ranger TV payload, the simultancous
goals of high line density and minimum readout time
are achieved by the use of a special method of raster
formation with a high resolution, 1-inch vidicon TV
camera. Minitnum readout time is achieved in camera
by reading only the central 200 lines of a nominal 800 tele-
vision line raster.

The spacecraft TV subsystem functional block diagram
is shown in Figure 9. The TV subsystem consists of 6
slow-scan vidicon cameras, a control programmer and
camera sequencer, a telemetry system, a 2 channel
transmitting system, and a battery power supply with
associated voltage regulators. The camera parameters
and the system interconnections reflect the system design
goals of (1) obtaining a high-quality television picture of
the lunar surface at a resolution of about 0.2 m per optical
line pair; (2) obtaining reasonable nesting of a sequence
of television pictures, starting from a resolution of approx-
imately 350 m per line pair; and (3) obtaining wide area
coverage of the lunar surface. Another desirable goal
achieved by the system design is to obtain a color image
of the lunar surface.

The communication system is designed to make opti-
mum use of a 2-mc bandwidth allocation centered at
960.0 mc, within which a channel allocation of 80 ke
centered at 980.05 me is required for the beacon trans-
mitter. The allocation (Fig 10) thus consists of 2 bands
of approximately 1 me cach, utilized by 2 transmitters:
1 centered at 959.5 me and the other at 960.5 me.

The first design goal, of obtaining high resolution pic-
tures, is achieved by a system of 4 television cameras oper-
ating at a frame rate of 5 cps, and having a usable
resolution of 35 optical line pairs per mm. The cameras are
exposed sequentially and while 1 camera is heing read
out, the remaining 3 are being erased and prepared for

TV SUBSYSTEM
TRANSMITTER |

BEACON
TRANSMITTER (BUS)

TV SUBSYSTEM
T f
f | | |
| A | |
T T

TRANSMITTER 2
[ |

960.0 mc 960 05 mc 9605 mc 9610 mc

|
959.0 mc 9595 mc

Figure 10. System bandwidth allocation
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the next sequence of exposures. At the impacting velocity
of 2700 m/sec, and with a proposed 76-mm camera lens,
the system has good probability of obtaining a full tele-
vision picture at a resolution of 0.2 m per line pair. The
last sequence of 4 pictures will have resolutions varying
from 0.8 to 0.2 m per line pair and will include a 16-to-1
variation in arca coverage. Cameras 1 through 4, the par-
tially-scanned cameras (Type P), provide these last 4
television pictures, which are scanned out and trans-
mitted in real time within an RF bandwidth of about
1 me. Cameras 1 through 4 are permanently connected
to Transmitter 2. These highest resolution pictures are
considered to be most important to the total Lunar Pro-
gram; therefore, redundant transmission of the pictures
from these 4 cameras through the additional channel of
Transmitter 1 is provided during the final minute of the
terminal mode of operation. This is achieved by a pre-
programmed switching command.

The design goal for the nesting feature is to obtain a
final set of pictures which can be located on present-day
lunar maps. The initial pictures will be taken at 10 min
from impact at an altitude of about 1300 kilometers.
Their resolution will be of the order of 350 m per line
pair and will enable the photointerpreters to locate these
images on the available lunar maps. Each subsequent set
will increase the resolution and will permit location by
reference to the previous set, This technique of picture
location will proceed to the final set where the highest
resolution television pictures will then be 1ocated, per-
mitting a more meaningful interpretation to be made of
these images. A set of 2 fully-scanned cameras (A and B)
is included to ensure that this technique of nesting is
achieved. These cameras have a frame time of 2.58 sec,
and the same line density as the partially-scanned cam-
cras. Using the proposed 76-mm lens, they can account
for a larger area coverage of 16-to-1 over that of the
partially-scanned ~wmeras. Thus, both nesting and wide-
arca coverage are achieved with this arrangement.

The arrangement of the fields of view of Cameras 1
through 4 and of Camera A is shown in Figure 11. These
overlapping  fields ensure that the 4 partially-scanned
cameras are centered on the velocity vector. Moreover,
the overlap between the fully-scanned camera and the
partially-scanned cameras will help locate ecach frame
in the previous nest of pictures. Camera A and B (Type F)
are alternately scanned and erased, and their real-time
readout is contained in the 1-mc RF bandwidth of Trans-
mitter 1. Camera B is pointed at an angle of 30° from
Camera A, 1t is presently located on the Y oaxis, but its
field of view could be changed to plus or minus angles
from this axis, as required. The purpose of this high
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Figure 11. Terminal phase optical geometry

oblique field of view is to accomplish the wide area
coverage shown in Figure 12,

In the early phases of the terminal mode, the picture
scale changes by a small percentage between exposures
of the fully-scanned cameras. To obtain additional lunar
data during this largely redundant picture-taking phase,
it is planned to equip Camera A with a set of color filters.
Sequential exposures made through a blue, a green, and
a red filter will permit a color photograph to be produced
on the ground from an overlay of these 3 images.

The system block diagram (Fig 9) shows the signal
flow as well as the cquipment packaging. Cameras 1
through 4 have identical vidicon assemblics. Attached
to cach assembly is a preamplifier, a 1.0-ms shutter, and
a 76.mm lens. Fach vidicon assembly is driven by cir-
cuitry including the deflection amplifiers, video amplifiers,
and the vidicon power supply (contained in the camera
clectronics box). Cameras A and B have similar idicon
assemblies, preamplifiers, and lens systems. The shutters
are larger to accommadate the larger image format and
have exposures of 5-ms duration. Their camera electronics
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are physically similar, with circuits modified to accom-
modate the fully-scanned camera parameters.

The 8 cameras are provided with raster-forming syn-
chronizing signals and are sequenced through exposure,
read, and crase cycles by the camera sequencer. The
sequencer derives its time base from a crystal-controlled
18-ke oscillator, utilizing binary counters and gates to
provide interlocked horizontal and vertical synchroniz-
ing, read and erase cycles, and shutter pulses, The clock
countdown provides a convenient way to cstablish the
preprogrammed power amplifier turn-on and the com-
mands for switching between Cameras A and B. The
sequencer contains a backup crystal-controlled oscillator
which can substitute for the primary oscillator and which
has separate connting chains and power supplies for
Cameras A and B and Cameras 1, 2, 3, and 4.

The general system philosophy of using repetitive cam-
era units and dual transmission channels to achieve a
high probability of equipment operation is further served
by including a tree-running capability in Camera 1. This
capability is provided by a programmer which can sup-
ply all synchronizing and sequencing signals to Camera 1
in the event of a sequencer failure. Limiting this circuit
to only 1 camera is necessary because of the additional
component weight and circuit complexity involved. The
intent of this feature is to provide marginal system ouvera-
tion in the event of sequencer failure.

The video outputs of the 6 cameras are fed to the
video combiners, where tones, video, and synchronizing
signals are composed into the system standard after the
appropriate amount of emphasis has heen exacted. The
command switch connects the system commands received

HORIZONTAL DISTANCE TO VIEWING POINT, km

ns 308 687 893 144
380 62 T T T T
£
. 23289 RESOLUTION IN THIS AREA IS
x 300 m PER LINE PAIR
o 14773
E
“# 58 22
2 o ;
O
a 9822 j
" !
<3 14773
[+ 4
5
Z 23289
380 62 i 1 1 i
0 200 500 1000 1200 1350

ALTITUDE, km

Fiyure 12. Coverage of Camera B
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through the spacecraft interface to the appropriate sys-
tem elements, The first prsition of the command switch is
used for the warmup command, which is sent 15 min
prior to impact. This command is stored as a backup
command in the central computer and sequencer (CC&S).
An emergencey telemetry command occupies the 2% posi-
tion of the command switch and can be sent any time
required after a warmup command has been sent. The
emergency telemetry command is followed by a return-to-
amera-video command in the 3 position of the switch.

Other system sequences are derived from stored pre-
programmed commands. The cruise-mode telemetry com-
mand originates in the CC&S. The power-amplifier-on
command is supplied after the proper count from the
camera sequencer. with a backup from the CCA&S.
The camera switchover command is derived from the
sequencer.

Provision is made to permit system testing with or
without a spacecraft, as well as for tests on the launch
pad with a hard line to the TV subsystem. Small electric
lamps will be incorporated in the Lockheed shroud, each
one so positioned that it lies along the optical axis of
1 of the 8 TV cameras. These lamps would be physically
located hetween the inner and outer walls of the shroud
with small holes in the inner wall to allow light from
each source to shine on a TV camera. The power source
will be the externally supplied 28 v to the spacecraft
allowing the lights to be energized at the same time
as the spacecraft is on for test purposes. This departure
from normal prelaunch test philosophy (calling out 1aini-
mal tests only) was deemed advisable, since the TV sub.
system is the prime purpose of the mission and a light
source for cach camera gives a rather comprehensive
check on cameras, amplifiers, sweep circuits, and svne
circuits, In this case a light source will permit a better TV
subsystem evaluation than would many hard lines for
stimulating and monitoring.

The telemetry subsystem  consists of cruise maode
telemetry clements as well as more  detailed  diag-
nostic telemetry elements for the terminal phase of the
mission. A 13-point sampling switch, operating at a rate
of 1 point per sec, samples critical temperatures and volt-
ages. The output of this switch is used to drive a Channel
8, IRIG subcarrier oscillator. An ac amplifier and a trans-
former connect the ontput across the spacecraft interface,
where it is mixed with other telemetry for transmission
over the bus beacon transmitter,

During the terminal mode, a 90-point sampling switch,
operating at a rate of 3 points per sce, samples the
TV subsystem parameters. The switch ontput is used to
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drive 2 voltage-controlled oscillators (225-ke) connected
in parallel. These 2 outputs are connected so that 1 VCO
is mixed with the video at Modulator 1 and the other at
Modulator 2. The VCO frequency was chosen so that
it is located above the highest video frequency in the
base band of the system.

In emergency mode, the video signals are switched
out and the 90-point telemetry is used to modulate each
of the transmitters directly. A possible condition requiring
emergeney telemetry would occeur if video transmission
were interrupted, and it became necessary to determine
whether the TV subsystem was nonoperational or the
high gain antenna was not locked to the Earth, A reduc-
tion of 40 db at the ground receiver would suffice to
accommodate the telemetry bandwidth and would com-
pensate for signal loss possible if reception were from
the back lobe of the spacecraft antenna. The result
wonld be a usable signal-to-noise ratio for the telemetry
information.

The temperature sensor in Figure 9 is part of the
telemetry svstem. Several spacecraft and subassembly
temperatures are measured by thermistor circuits and are
connected to the proper analog voltage for the telemetry
sampling switch.

The communication system  consists of two 60-w
L-band. FM transmitters. The modulating signal consists
of the camera video and the telemetry subcarrier. The
transmissions of the 2 svstems combined in a 4-port hybrid
combiner with the heacon output of the transmitters are
beamed toward the Earth from the spacecraft high gain
antenna. Reception at Goldstone is effected with an 85-ft
parabolic antenna equipped with an L-band maser pre-
amplifier. Within the parameters of this system, the 60-w
transmitters provide a substantial power margin above
the receiver threshold; the resulting video signal-to-noise
ratio will produce a high quality TV picture. Design of
the communication system will permit reception at an
alternate antenna site at Goldstone, which is equipped
with an L-band parametric amplifier. The power margin
at this alternate site will be reduced by 3 to 4 db, but
will be usable.

b. Flight sequence. The nominal trajectories for the
Ranger TV flights will employ a nearly vertical
descent to the lunar surface. In transit from the Earth to
the vicinity of the Moon, the Ranger will fly in a Sun
oriented attitude, with the spacecraft solar cell panels
perpendicular to the rays of the Sun. Thus, the optical
axis of the television cameras will be fixed in vehicle
body coordinate system. When the spacecraft reaches
the vicinity of the Moon, it will undergo a commanded
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terminal maneuver to aline the optical axis of the tele-
vision cameras with the spacecraft velocity vector for
descent to the lunar surface.

The initial command to the TV subsystem will occur
2.5 hr after the mid-course maneuver, 18.5 hr after launch.
This command will originate in the CC&S, and will turn
on the cruise mode (Channel 8) telemetry. At a time
corresponding to 15 min before impact, the complete TV
subsystem will be turned on in a warmup maode by a
real-time command from the DSIF. Provision will be
made for a CC&S backup command to support the real-
time command for warmup of the payload. The TV sub-
system will be turned on in a full power mode 10 min
before impact by an internally generated command from
the RCA control programmer. This internally gencerated
full-power-on command will be supported by a backup
command from the spacecraft CC&S. At 1 min before
impact, the video data from the Type-F cameras will be
switched out, and the data from the 4 Type-P cameras
will be transmitted over both channels. This camera
switchover will be accomplished by an intemally gener-
ated command from the control programmer. In the event
of loss of spacecraft stabilization or high gain antenna
lock. a real-time command will be used to switch the TV
subsystem into an emergency telemetry mode, In the
emergeney telemetry mode, the TV subsystem terminal
telemetry data is transmitted over the high gain antenna
using full transmitter power.

3. Test and Operations Schedule

Based on the assumption that RA-5 may be the 1+
of the high resolution TV experiments, RA-5 is scheduled
to begin assembly on March 19, with test operations
scheduled to start April 23. This assumption places the
most stringent time reguirements on the program sched-
uling.

RCA will deliver 2 sets of their system test GSE to JPL.
The 3" set that will be needed for AMR operations will
be utilized by RCA during checkout of flight hardware at
their  Astro-Electronies  Division (AED), and will be
shipped to AMR in time to participate in test operations
of RA-5. Though this is in contradiction to normal require-
ments that all portions of the system test complex be
checked out and utilized together at JPL, more is to be
gained by having the equipment available to RCA for
checkout of flight units over a longer period of time than
having the GSE participate in JPL test aperations. The
RCA equipment has a minimum of clectrical interface
with the rest of the system test complex and, as such,
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compatibility with the TV subsystem is of more conse-
quence than test complex operation.

It is planned to use the engineering test model (ETM)
to system test the checkout equipment as well as to prove,
under continuing operating conditions. the design concept
of the TV subsystem itself. Upon completion of checkout
cquipment integration at AED, the ETM will be available
for a period of time to expedite the installation and check-
out of checkout Unit 2 at JPL. Availability of the model
at that time would materially shorten the period required
to start testing of the PTM.

In an effort to expedite the drlivery of qualified sub-
assemblies, some departure from the initial ETM-PTM
flight units concept has been permitted. Although this
new concept will mean quicker delivery of qualified com-
ponents, it is achieved at some expense in the time
required to arrive at full integration of the ETM, as
originally planned. At present, it is planned to use bread-
boards in the ETM to as great an extent as possible. This
plan will permit construction of an electrical model for
use in evaluating the ground checkout system, in perfect-
ing testing techniques, and in generating test procedures
1eflecting these techniques.

The system test complex will be set up in a manner
similar to that utilized on Rangers RA-3 and -4. The addi-
tion of 13 racks of RCA equipment will consist of: 7 racks
for final picture recovery and recording; 2 racks for TV
subsystem simulation, monitoring, and control (hard
line); and 4 racks for receiving equipment.

Since the flight TV subsystems for the 1** spacecraft,
and partial equipment for the 2" spacecraft, will not
arrive until well along in the spacecraft test phase, the
RCA electronic mockup and proof test model (PTM) sub-
systems will not arrive in time for the 1* few weeks of
RA-5 at JPL, and for the initial test operations of RA-6.
The PTM subsystem will have to handle initial testing
of the following spacecraft also as the flight TV sub-
systems will not arrive in time for the 1** few weeks of
testing. It is planned that the RCA temperature test
mockup together with a temperature test spacecraft be
utilized in the 25-ft space simulator in March 1962, 1t is
corsidered mandatory that this test be made sometime
before an actual flight Ranger spacecraft is subjected to
this environment.

4. Basic Structure

The mechanical design of the TV subsystem basic
structure has been established to the extent that assembly
and detail drawings have been prepared for the structure.
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These drawings reflect some changes in design brought
about by a rearrangement of the 8 cameras, and relocation
and method of inserting the batteries onto the structure,
Final drawings for the complete structure were released
to Lavelle Aircraft Corporation, the structure subcontrac-
tor, November 1961.

A full-scale plastic model of the structure has been
fabricated. The full-scale model will be used to verify
location of equipment on the structure and as a guide in
the assembly of the actual structures. A preliminary stress
analysis has been completed for the central box column,
the thermal shield, and the TV subsystem mounting
attachments.

A drawing of the structure is shown in Figure 13. The
batteries are located in the lower bays, and inside the
rectangular box frame. Except for the batteries and
camera electronics, the equipment subassemblies are
mounted between the thermal shroud and the box struc-
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Figure 13. Basic structure
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ture exterior. Removable panels in the rectangular box
structure are not required with this arrangement, thus
providing a more rigid box structure.

The thermal shroud is a 0.032-in. thick, and is designed
to carry part of the structural load. The shroud is fabri-
cated in 4 quadrants, Of the quadrants, 2 are permanently
fastened to the assembly; the other diagonally opposite
quadrants are removable for access to the interior for
inspection, removal, and replacement of equipment.

A detailed weight analysis of the structure was com-
pleted using the final assembly drawings. Results of the
analysis indicate a weight of approximately 75 Ib for the
structure and thermal shield. Desiga efforts aimed at
reducing the weight of the structure and thermal shield
have been initiated on a noninterference basis with the
structure delivery schedule.

The initial structure and thermal shield will be used
in the mechanical test model. In order to expedite
delivery, Lavelle has been instructed to deliver this
structure and thermal shield without any special surface
treatment. The third structure and thermal shield will be
used in the engineering model, and all aluminum alloy
parts will be anodized. The thermal shield for the 20
unit (thermal test model), 4'" unit (proof test model), and
Units 3, 6, 7, and 8 (flight models) will be cleaned,
polished, and buffed on both sides to provide a bright,
mirror-like, reflective surface. The remaining parts of
these structures will be anodized.

A preliminary stress analysis has been completed for
the critical elements of the structure. Results of the
analysis verify that the design is structurally sound:
however, a detailed stress analysis is being made.

5. Electronic Subsysiems

a. TV cameras. In order to ensure meeting the required
delivery schedule, the original camera design was based
on previous operating systems, However, as the design
study has progressed, it has become evident that more
changes than were originally planned would be necessary
in order to meet the requirements of the Ranger TV sub-
system. Additional personnel have been assigned to the
camera clectronics in the RCA Camden facility. This
group will complete the design of the circuits and their
packaging, and fabricate the units,

Layout and fabrication of breadboard models for the
engineering model are essentially completed. As soon as
these boards are tested, they will be operated with a
voke-vidicon assembly. This operation should furnish
redesign information for the proof test model.
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After the fabrication and testing of the first 3 cameras,
subsequent layout and fabrication (incorporating the
necessary changes) will he made using printed circuits
with the printing on the component side.

The television equipment consists of six 1-in. vidi-
con cameras. Of these cameras, 2 are fully scanned
producing a resolution of 800 TV lines
over a tube format of 0.44 by 0.44 in. with a side field
coverage of 8.4 deg. A reduced raster is utilized by 4 of
the 6 cameras scanning a 0.11- by 0.11-in. central portion
of the tube at approximately the same line density to
produce a resolution of 200 TV lines. The side field of
view is 2.1 deg and is achieved with the same focal length
lens as specified for the fully-scanned cameras. This leads
to a natural designation, Type-F cameras for fully
scanned and Type-P for partially scanned. The Type-F
cameras are used as Cameras A and B in the system con-
figuration and Type-P cameras are used as Cameras 1, 2,
3, and 4. The Type-F and Type-P cameras use the same
imaging transducers and optical equipments and differ
only in the detail of th .r electronic circuitry, The image
transducer is an electromagnetically focused, 1-in. deflec-
tion vidicon photoconductor with a resolving capability
in excess of 800 lines per picture height.

The Type-F or fully-scanned camera utilizes 1152
active horizontal scan lines over the 0.44 by 0.44.in.
faceplate arca. The horizontal scan rate is 450 cps with
0.22 ms appropriated to horizontal blanking. The active
scan lines plus 46.8 ms for vertical blanking add up to
the 2.56-sec frame period. At the end of its active scan
the Type-F came. a enters an erase phase which occupies
an equal amount of time. In the Ranger television system
2 Type-F cameras are alternately scanned and crased in
such a manner that 1 is being scanned while the other is
being crased. This timing sequencer is illustrated in
Figure 14

Table 23. Camera performance summary

Comera designatien
Parameter

A B 1,2, .4
Frame time, tec 2.56 0.2
Yertical blanking, ms 40 6.6
Horizontal line rate, cps 450 1500
Horizonto! line time 222 ms 666.6 usec
Horizontal blanking 0.22ms VEEY usec
Real resolution TV lines 800 200
Format, in, 0.44 by 0.44 0.11 by 0.11
Video bandwidth, ke 187 187
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Figure 14. Camera timing and waveforms

The Type-P or partially-scanned camera utilizes 300
horizontal scan lines over a 0.11- by 0.11-in. faceplate
arca. The horizontal line rate is 1500 cps with 111.1 usec
allocated for horizontal blanking. The vertical scan plus
a 6.6-ms blanking period occupies 0.2 sec. At the end of
the vertical scan an erase procedure is initiated which
occupics 0.64 scc. In the system, 4 Type-P cameras are
sequentially scanned; while 1 is being scanned the
remaining 3 are in various portions of their erase cycles.
A 40-ms pulse is used to separate each sequence of 4
Type-P camera exposures. The total period per sequence
is then 0.84 see. Figure 14 illustrates the basic camera
timing as well as the relationship of the 4 cameras in the
svstem.

Each of the Type-F and -P cameras will derive their
scan synchronization from the control sequencer. Of the
Type-P cameras in a svstem, 3 will have their deflection
amplifiers driven directly from the control sequencer. One
of the 4 Type-P cameras will have free running horizontal
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and vertical sync generators which can cither be kept
in step from the control sequencer or can supply sync
without external excitation. This is an additional measure
of safety intended as an emergencey mode of operation in
the event of failure of sync.

The cameras will cach contain a preamplifier and video
amplifier. There will be 2 designs breadboarded and
evaluated. Design 1 utilizes a nuvistor preamplifier and
a transistorized amplifier with a frequency pass band
from near de (about 5 cps) to 187 ke, The lower limit is
to prevent unwanted shading and the upper limit con-
tains the frequencies corresponding to the 800 TV lines
and 200 TV line resolutions, respectively. The 27 design
to be breadboarded will use a tuned band pass amplifier.
A high frequency signal injected on the vidicon grid
causes the beam current to vary at this carrier rate
and to modulate the video information. This carrier and
the lower side band can be amplified by a band pass
amplifier followed by a phase detector. The decision as
to which circuit design will be used will be based on a
comparison of the resulting signal-to-noise ratios.

The camera circuitry will also include a control grid
current regulator, a focus current regulator, shutter drive
circuits, dark current compensation, fast crasure circuits,
and de-to-de converters for both high and low voltages.

The optics for Type-F and Type-P cameras will be
identical lenses with a 76-mm focal length and an f/2
aperture ratio. Responses to preliminary specifications
have been received from 4 vendors and sample lenses
have been received from 2 vendors. Optical tests were
performed on the samples utilizing the sine wave response
technique and equipment of the applied research group

of RCA Camden.

The shutter for Type-P cameras will be a Tiros type.
linearly-actuated slit shutter. The slit will be adjusted to
provide a 1-ms exposure and the traverse time of the slit
over the 0.11 in. will be about 2 ms, If an exposure is
made 0.2 sec before impact, the resolution will approach
0.2 m per line pair. The 1-ms exposure will prevent image
smear for a 2.5-deg misalinement of optical axis with
respect to the velocity vector, This will provide a high
assurance of eliminating any smear from the last picture,
It may also be traded off for additional exposure of the
vidicon if necessary.

The shutter for the Type-F cameras will be a scaled
up version of the Tiros shutter. It will be designed to
cover the O44-in. fullv-scanned format. Its slit will cause
a 5-ms exposure which is sufficient 1o prevent image
smear prior to the T-min switchover signal. In the event
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the switchover is missed, the Type-F camera can con-
tinue to supply useful pictures down to 2.5 sec before
impact. The additional exposure time will be useful in
correctly exposing Camera A through the various color
filters and, in general, will erase the difficulty of the
shutter design.

The Type-P shutter is being fabricated at AED and
shutters for the Type-F camera are being designed and
fabricated in Camden.

A color wheel containing 3 color filters and a single
neutral density will be supplied with Camera A. The
wheel will be caused to sequentially position a different
filter in the optical path for cach exposure of Camera A.
It will feed a coded signal to the control sequencer, which
will be used to gate on the appropriate tone signals during
the vertical blanking signifving the color filter being used.
The specification of the spectral responses and trans-
mission factors for the blue, green, red, and neutral filters
will proceed carly in the breadboard phase.

Work on the filter wheel is being done at AED. At
present, the mechanical portion of the wheel is designed,
and engineering releases have been issued for 4 assem-
blies. Spectral response tests have been conducted on
vidicons for the color system. These tests will continue.
Final sclection of the filters for use on the wheel has not
vet been made,

Six Bausch and Lomb lenses and 68 Elgeet backup
lenses have been received, and testing of the lenses has
begun. If the Bausch and Lomb lenses meet all require-
ments, the backup lenses will be used in breadboards
and test setups. The specification for the collimator has
been written, and vendor quotations are being received
at present.

Five Type-P camera housings have been released to the
maodel shop. The housings will incorporate the mechanical
focusing and centering of the vidicon voke assembly with
respect to the optics.

The 147 vidicon has been delivered for evaluation and
test; more complete specifications for the vidicons are
being written.

b. Camera sequencer and control programmer.,

Camera sequencer. \Work on the camera sequencer has
been subcontracted and has been directed toward final-
izing the logic design and testing the basic logic circuits.
The addition of new inputs, and difficulties encountered
in adhering to the 10 to 1 65°C temperature range,
make it necessary to increase the number of circuits over
the number originally planned. Most of the preliminary
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design has been completed and the major effort in all
areas is at present being expended on circuit packaging.

A complete block diagram of the control programmer
and camera sequencer is shown in Figure 15. The blocks
enclosed by the dashed lines represent the digital portions
of the camera sequencer; the flow relationships with the
video combiners, camera subsystems, transmitters, and
test functions are indicated.

A primary and a standby 18-ke master timing reference
generator provide the base for all pulse generation. A
peak-to-peak detector serves as an inhibit monitor for the
standby clock and also provides a telemetry signal indi-
cating whether the oscillator is operating or nonoperating,
This circuit has heen temperature-qualified as a bread-
board using 0.2-usec (nominal) clock pulses.

The remaining circuits of the camera sequencer have
been designed around 2 standard logic circuits: a flip-flop
multivibrator and a nor gate.

The clock reference frequency is subdivided by a series
of counter circuits in both the F and the P chains. Fig-
ure 18 shows the F-division chain and Figure 17 shows

FROM lg;; A 4.52kc B 450 ¢cps c
OUAL Spvcl o 222 ysec 10 2.22 masc .3
CLOCK
150 cps D 50cps E_25¢ps F__ 0I95¢cps
6.66 meac 20 msec 40 msec 5.12 sec
+3 +2 +28 -

Figure 16. F-division chain

the P-division chain. The pulse widths and time durations
requircd by the system are decoded by the F- and P-logic
decoders. An example of this method of obtaining timing
and synchronizing signals is the generation of horizontal
synchronizing pulses. As shown in Figure 18, a pulse de-
coder gate is used, which recognizes 1 particular com-
bination of flip-flops B, C, and D. The output will recur
cvelically and the pulse width is determined by the num-
ber of inputs to the gate. The configuration requires no
controls, has no time constant to take into consideration,
and is not susceptible to system complexity.

f VIDEO | F CAMERA
COMBINER SUCSYSTEM
r— ——————————————— pr— e gy — e— —— —. %. i — C— — j
| F 1] |
POWER SUPPLY
: = Vwvenrer [ &J’.’?»f& |
| REGULATOR o, [ :
FILTER
| | I ) Y WHEEL |
F DIVISION ¢ LOGIC LOGIC
| CHAIN DECODER I
I |
FROM | oL F TIMER power | |
PRIMARY { AMPLIFIER | | | COMMUNICATION
power > cLock — TURN-ON SUBSYSTEM
reguLatoR | ° . P TIMER osic | |
| P DIVISION P LOGIC l
I CHAIN DECODER |
! [} I
| P P vuonz& - CAMERA |
POWER PPLY COoMBI SWITCHOVER
: o PO vEmEn LOGIC LOGIC l
REGULATOR 3
| $ |
e e - ——— —— - —— ——o —_.,— . —— — — — —
‘ ‘ OPERATION
P VIDEO P CAMERA AND
COMBINERS SUBSYSTEM TEST SWITCHES
Figure 15. Control programmer and camera sequencer
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Figure 17. P-division chain

Figures 19 and 20 show times of occurrence and time
relationships for the interface signals required for the
camera control and summing amplifier. The camera
sequencer controls the positioning of the Camera A filter
wheel as shown in Figure 21. The first 2 stages of the
F-division chain 5-min timer provide a 4:1 count of
the Camera A fields. Each of the 4 filter wheel positions
(red, green, blue, and neutral) is assigned to 1 of the 4
possible combinations of Counters A and B. An analog
voltage representing wheel position is taken from a poten-
tiometer arm linked mechanically to the filter wheel drive.
This analog voltage is converted to a 2-bit digital repre-
sentation for comparison with the A and B bits. During
oper-tion, when the A and B combination changes, the
comparison circuit produces an output to the motor which
drives the filter wheel until the input from the analog-to-
digital converter is thc same as the new A and B
combination. Preaminary observations indicate that the
changeover time from 1 filter to the next is less than 1 sec.

Video outputs from the 2 cameras of a set are summed
by a video summing-mixing amplifier to provide modula-
tion to the transmitter modulator. Video from cach cam-
era is applied to a summing amplifier through the analog
gate. The gates are programmed by the sequencer. The
analog gate preserves the de level of the video signals
and causes less amplitude distortion of the signals than
would be caused by single-ended switches operating near
cutoff. Preservation of the de level is necessary because

osciator | | & | | 8 L[| ¢ 0 €
18 ke o 1|]lo o ]lo 1] lo
| > 8, C AND D

TRUE ®{ |® FALSE-» j=& TRUE

Figure 18. Horizontal synchronizing pulse derivation
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any offset of the de level introduced between the camera
and the modulator alters the transmitter center frequency.
Switching transients observed with this type of video
switch are of the order of 30 to 30 mv at the diode bridge.
Analog gates, having greater dynamic range, produce
transients of the order of several volts, which could cause
over-modulation, video spikes, false synchronizing pulses,
and other spurious effects. The amplitude and frequency
of transients measured in this circuit are of the order of
1% of the synchronizing pulse tip-to-peak white amplitude,
and can be tolerated without difficulty. The switches have
been operated over the full temperature range with less
than 20-mv level change observed.

The basic summing amplifier consists of a medium gain
vifferential amplifier with feedback for amplitude linear-
ity and pass band control for FM pre-emphasis. Open-
loop gain measurements indicate adequate gain stability
over the temperature range, measurement of closed loop
gain shows no measurable change from 10 to +65°C. The
pre-emphasis characteristic of the amplifier is shown in
Figure 22,

Use of a level control has resulted from the need for an
optimum synchronizing pulse shape for best pre-emphasis
utilization and the need for balance of the differential
amplifiers. As it is now planned, this will be the only
adjustment in the control programmer and the camera
sequencer s.absystem.

Three crystal-controlled oscillators are planned as the
tone generator frequency sources. Tests of breadboards
have indicated more than adequate frequency stability
to satisfy the 0.1 accuracy required. However, final
measurement cannot be made until crvstals of the correct
frequency are available. The 3 oscillators individually, and
afined combination of all 3, give various summing amplifier
inputs and allow the use of summing amplifiers that are
nearly identical.

Design of the command switch has been accomplished
by the clectrical integration group, and a description of
the operation of the command switch and associated
relays is included in the eleetrical integration discussion
of this report.

Relays are used at present in the control circuits of
many of the Ranger TV subsystem assemblies. These
relays control application of power applied to the assem-
blies. In some cases, 2 relavs are used to accomplish
power application.

Since electromechanical relays are considered inferior
to solid state devices with respecet to reliability, weight,
and spice consumption, the use of switching diodes to
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Figure 19. Type-F camera interface signals
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Figure 21. Filter wheel positioning cireuit

replace certain of these relays is being investigated. A
preliminary design is underway at present incorporating
the diodes.

c. Communications and telemetry. The design approach
to the Ranger television communications is to provide
communication subsystem components for the transmis-
sion and reception of the multiplexed TV data and
telemetry data. Specifically, these components consist of
the following:

(1) Spacecraft telemetry components consisting of a
3-kc subcarrier oscillator (SCO), two commutators,

two 235-ke SCO’s, an ac amplifier, and a de-to-de
converter.

(2) Spacecraft transmitter.
(3) Spacecraft power supply.

(4) Spacecraft communication system integration com-
ponents such as junction boxes, control panels, ete.

(5) Ground telemetry components.

GAIN, db

FREQUENCY, k¢

Figure 22. Summing amplifier pre-emphasis
characteristic
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(6) Ground receiver components including a 30-mc
mixer, two 5.0-mc IF amplifiers, and two 0.5-mc IF
amplifiers with automatic frequency control.

The current spacecraft and ground configurations are
shown in Figures 9 and 23

Modulator-exciters. The modulator-exciter schematic
diagrams are shown in Figure 24. The design reflects the
reliability requirements of design simplicity and the uti-
lization of the minimum number of circuit components.

The frequency stability measurement on the 1* un-
compensated breadboard of the circuit have been within
+0.003% for the 0 to 50°C range. This employed the use
of a series resonant 20.819444-mc crystal. The order has
been placed for 20-me crystals having +0.0005% stability
under temperature.

Temperature compensation is being performed on the
oscillator circuits and it appears that the 1L.001% require-
ment may be met without the use of a crystal oven.

Frequency deviation requirements for the modulator
have been met with less than 2% distortion of the modu-
lating signal. With the transmitter operating frequency
in the vicinity of 980 mc and the base exciter frequency
at 20 me, a total frequency multiplication of 960 20 = 48
must be accomplished in the multiplier chain. Thus for a
total frequency deviation of 400 ke at 960 mc, the devia-
tion requirement of the 20-mc oscillator is 400 48 ke =
8.33 ke or approximately +4.2 ke around the center
frequency.

The curve of Fugure 25 shows the total deviation capa-
bility of the circuit and Figure 26 shows an expansion of
the curve around the proposed bias point. Figure 26
points out the linear relationship between frequency and
modulating signal which has a total :)ermissible distortion
of less than 27 for modulating signal (sine wave up to
600 ke with flat response) magnitudes which produce total
deviations up to 9.5 ke.

The distortion measurements were made by ac coupling
an audio signal into the varicap circuit at Test Point A.
Modulation frequency response was measured from 2 to
600 ke with less than 1-db change in total deviation, for a
modulating signal strength which produced a total devia-
tion of 9.5 ke.

The establishment of the modulator amplifier interface
with the video and telemetry inputs has not yet been
completed. As such, design effort in this area is limited.
The RF section is shown in Figure 27. The output signals
from the modulator-exciters at 240 me are fed to the X4
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Figure 25. Modulator deviation characteristic

varactor multipliers. The 9680-mc output of the multipliers
drives the vacuum tube intermediate power amplifier
(IPA). The 7-w output of the IPA drives the 60-w power
amplifier.

At this point, the signals from the 2 chains are com-
bined in a 4-port coaxial hybrid ring, which provides
20-db isolation between the 2 chains with an insertion
loss of 3 db. This loss, 30 w per chain, is absorbed in a
dummy load. The output from the hybrid ring is com-
bined in the directional coupler with the 3-w signal from
the bus transmitter.

The directional coupler provides 30-db isolation be-
tween the 2 signals with insertion losses of 16 db for bus
transmitter inputs and 0.5 db for the TV, The RF signal
then enters a 3-port ferrite circulator from which (at a
0.5-db insertion loss) the power is fed to the directional
antenna. Reverse power, as a result of antenna mismatch,
will be dissipated in the dummy load associated with the
ferrite circulator. The total insertion loss from power
amplifiers to antenna (assuming an antenna VSWR of 1.0)
is 4.0 db, providing 24 w per transmitter at the antenna.

The over-all chassis drawings for the modulator-exciter
have been completed. Connectors for the modulator-
exciter have been ordered and fabrication of the chassis
is in process.

Minor changes have been made in the <12 multiplier
becanse of packaging requirements in the modulator—
exciter chassis. Drawings for the 12 multiplicr, the ~ 4
multiplier, and the 7-w amplifier have been released to the
maodel shop, and fabrication of all 3 units is proceeding,
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Figure 26. Modulator deviation expanded plot

Temperature and vacuum tests have been conducted
on the 680-w power amplifier with favorable results.

Power supplies. The preliminary design on 2 power
supplies, a 150-w unit and a 15-w unit, has been com-
pleted. However, changes in the over-all TV payload
design have imposed significant changes in the 150-w
unit. This unit was to have supplied 1000, 250, and 100 v
outputs from a double-transformer, solid state converter
operating from 275 v.

The changes to both voltage and current requirements
require replacement of the 150-w unit by 2 units of 190-
and 390-w, cach with an operating frequency of approxi-
mately 2 ke, The 190-w unit will supply 500 v at 100 ma,
300 v at 50 ma, 100 v at 300 ma, 8.3 v ac at 1 amp, and
6.3 v ac at 8 amp. The 330-w unit will supply 1250 1000 v
at 250 ma. These 2 power supplies will be housed in a
single case and shiclded to reduce effects of stray mag-
netie fields.
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The 15-w unit will be housed in a separate shielded
case. This unit is to supply 27 v regulated at 500 ma. This
is a single transformer, solid state converter design, with
an operating frequency of 2 ke. It operates from - 27.5-v
dc primary power. Preliminary design on the larger 2 unit
power supply has been started. Mechanical design of the
15-w unit is underway.

Telemetry. The spacecraft and ground tclemetry com-
ponents are presented in Figures 28 and 29,

The communications system analysis has been made
for the carrier-to-noise ratio, picture signal-to-noise ratio,
and tone code signal-to-noise ratio. An analysis of the
effects of using pre-emphasis to gain an improvement in
signal-to-noise ratio for video transmission has been made.
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Figure 28. Telemetry flight equipment
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d. Primary power.

Batteries. The Ranger TV subsystem power supply
will consist of 2 silver-zine storage battery units
which will feed a common series-type voltage regulator
and furnish a regulated output of 27.5+0.5 v. Each of
the individual battery packages will be capable of
furnishing the total payload energy requirements as
determined by the mission power profile, improving the
over-all reliability of the svstem. In addition to the
batteries and voltage regulators required for the pay-
load power supply subsystem, battery chargers and
external power supply units will be required for the
development, testing, and checkout of the payloads.

Each battery unit will consist of 22 series-connected,
silver-zine, electric storage cells. The batteries will be
hermetically sealed: cach 22 cell unit will be mounted in
a stainless steel or anodic magnesium case. The individual
cells will be matched for voltage and current char-
acteristics, and will be constructed to minimize battery
degradation duc to clectrolyte evaporation, separator
deterioration, internal short circuits, and heat dissipation.
The battery units will be rechargeable for ground payload
operation and testing, but will operate in a single-shot
mode during the actual mission. Weight of the battery
unit, consisting of the 22 cells and the mounting case,
will be approximately 43 Ib. Each unit will occupy a
volume of about 1000 in.?. There will be 2 parallel battery
units incorporated in cach payload. The 2 units will feed
a common voltage regulator, and will be separated by
diode isolators to prevent a malfunction in 1 battery unit
from affecting the performance of the other unit.
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A systems test set of batteries and a flight set of bat-
teries will be provided with each payload. The systems
test set of batteries will be used to furnish internal power
during the integration and testing of the payload, and will
be recharged as required during testing. The flight set of
batteries will be inserted after the completion of the final
systems tests, and before the payload is mated with the
Ranger spacecraft, in order to minimize the accumulated
test time on the flight units. Each battery unit will have
a rated nominal capacity of greater than 1800 w-hr with
a 200-w-hr margin of safety, and will be capable of
furnishing the total energy requirements for the payload
mission.

The problem of assuring the internal and external
sterility of the battery units will be considered in design
of the batteries and selection of the battery mounting
locations in the payload structure. The feasibility of
thermally sterilizing the dry batteries as a part of the
complete payload, and subsequently inserting a sterile
electrolyte will be investigated. If design of the batteries
precludes thermal sterilization, it is planned to thermally
sterilize the pavload without batteries, and subsequently
insert the batteries in a sterilizing gas environment to
ensure sterilization of the mating surfaces between the
battery container and the structure. However, the use of
liquid surface sterilants may be applied to the battery
mating surfaces and the process of attaching the bat-
teries to the structure in a sterilizing gas environment

will be avoided.

The Electric Storage Battery Company (ESB), Missile
Battery Division, Raleigh, N. C. was selected to supply
the batteries. ESB conducted tests on Ranger cells to
determine the design requirements. Figure 30 shows a
plot of current density vs cell voltage at 50°F. The points
for the curve were obtained during the final 209 of cell
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Figure 29. Ground station engineering telemetry
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capacity. A preliminary design by ESB (based on an
RCA spec) indicated that 21 cells could not supply the
required terminal voltage. The design has been changed
from 21 to 22 cells.

A sensitive differential amplifier will be used as the
error detector. One input to the differential amplifier will
be provided by a temperature stabilized voltage reference
zener diode driven by the constant current generator.
The other input to the differential amplifier will be
derived from the unregulated bus voltage error applied
through a resistive voltage divider network. The series
regulating power transistor circuit will consist of several
matched transistors. These transistors will operate in
parallel in order to ensure proper load sharing and
adequate maximum power transfer.

The external power snppiy and battery charger units
will be adaptations of existing commercially available
equipments.

Voltage regulator. A series-type voltage regulator will
be used to provide —27.5 +0.5 v. There will be 2 bat-
teries supplying the unregulated power and the power
to the regulators, The maximum battery terminal-voltage
variation that can be expected is from —41.5 to —305 v
de. The TV transmitters and camera shutters will operate
from unregulated battery voltage to reduce the current
drain on the regulator. A reduced current drain will result
in reduced size and weight of the regulator,

The battery-regulator interconnection diagram is shown
in Figure 31. Diodes D1 and D2 will become reverse
hiased if cither battery develops an internal short, and
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Figure 31. Battery regulator interconnection

will thus prevent the other battery from discharging into
the shorted hattery. Diodes D3 and D4 are used in the
battery charging circuit of the umbilical cord. This circuit
will be used to charge the batteries at the time the bat-
teries are mounted in the payload, and again when the
payload is on the mounting ~.d. 1f the umbilical cord
or its connector to the payload should be shorted, diodes
D3 and D4 would become reverse biased and prevent
discharging of the batteries.

The breadboard circuit is shown in Figure 32, The
low power Transistors Q1 through Q4 are mounted on the
terminal board, and the driver Transistor Q5 and series-
regulating Transistors Q6 and Q7 are mounted on the
heat sink.

Transistors Ql and Q2 are connected as a differential
amplifier to perform the function of error detector. One

input to the error detector is a reference voltage of - 84 v
obtained from the reference zener Diode D1, The other
input is a fraction of the regulated output voltage obtained
from the R1, R2, and R3 voltage divider. R3 is used to
adjust the output voltage to exactly  27.5 v de. Any
variation of the output voltage resulting from load
changes or input voltage changes will cause the error
detector to amplify the difference between the reference
voltage and the changed fraction of the output voltage.

The error detector output is a differential signal which
is connected to another differential amplifier stage con-
sisting of Transistors Q3 and Q4. This stage amplifies the
output of the error detector and, in turn, drives the driver
Transistor Q5.

The connection of the driver Transistor Q5 and the
parallel-output series-regulating Transistors Q8 and Q7
has the advantages of high gain and no shunt current to
ground. By reducing the shunt current to ground to a
minimum, a high efficicney is maintained for the regu-
lator when the output load current is low. Capacitors
Cl and C2 are used to control the high frequency gain
and phase shift of the error amplifier to prevent high
frequency oscillations.

The regulation characteristic of the breadboard circuit
is shown in Table 24, The input voltage was varied from

30 to 40 v de, and the load current was varied from
0 to 5.0 amp. Also given is the variation in millivolts of the
regulated output voltage from  27.500 v de. The per-
formance of the regulator with respect to regulation is
more than adequate to meet the specified output-voltage
variation of + 0.5 v dc.

-278
< - - ’—?—o REGULATED
2N1490| 2M490 OUTPUT
: RI b d ¢ l—
2N1490 1.0 3 6.8x g T8 i; A1 20x g =
Q7 Q6 Qs -84y
2N329A

(2)

UNREGULATED
INPUT

c2 —h
0.25 uf I

. C!
™ 1000 puf

Y

[]]
IN430A

o

Figure 32. Voltage regulator breadboard circuit
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The regulator circuit breadboard was placed in a tem-
perature chamber and performance was measured at tem-
peratures from 0 to 72°C. Data obtained from this tem-
perature run is shown in Table 25. The input voltage to
the regulator was maintained constant at - 33 v dc, and
the load current was varied from 0.0 to 5.0 amp. Table
25 lists the regulated output voltages for the different
load and temperature conditions. A total change in the
output voltage of 0.25 v dc, which is well within the

Table 24. Regulator output variations for different
input and load conditions

input Lead current, amp
velloge, | 00 | 013 | o5 | 22 | 40 | s0
v
Regulater sutput, mv
—30 9.5 4.5 3.0 20 20 50
- 32 9.5 4.5 3.0 20 20 5.0
36 100 5.0 3.0 2.5 1.5 5.0
- 40 9.5 55 4.5 3.0 1.0 4.0

Table 25. Regulator output voltage for different
load and temperature conditions

Lead current, amp

o1s | oss | 23 | 40

Reguiater eutput, v

Tempere-
fure, °C 0.0 I

0 25.5 25.5 258 25.5 255
10 255 255 255 255 255
25 25.5 25.5 255 255 25.5
51 25.6 25.6 256 25.6 25.6
60 257 257 5.7 257 257
72 2575 2575 2575 25.75 25.75
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Figure 33. Major power draining periods

regulator specification requirement, was obtained on this
temperature run.

Mechanical design work has begun on a package for
the regulator and blocking diodes. It is planned to keep
the weight of the regulator to less than 1.5 Ib, and to
fit the regulator into a space 1.5 in. high by 3 in. wide by
5 in. long. Measurements will continue on the breadboard
to further prove its performance.

Power profile. The total power-drain profile for the
Ranger TV subsystem has been modified in accordance
with the new payload operational sequence and subsys-
tem requirements. Figure 33 shows the major power-
draining periods for the new sequence.

The new total energy required is approximately 896
w-hr. This is based on the requirements of the clock and
sequencer, voltage regulator, cameras, communications,
and telemetry units for the entire mission. Regulated and
unregulated power required by individual units during
cach of the major periods of the mission is given in Table
28. The total power profile is shown in Figure 34.

Ground battery-charger and monitor (launching-pad
arca). The purpose of the ground battery-charger and
monitor of the launching-pad area (Fig 35) will be to
maintain the full-charge capacity of the flight batteries
when power drain during prelaunch test is continued for

Table 26. Power drain breakdown in watts

Prelavnch Crvise Wermup Operation
Subsystem S min Oto18 hr 18 t0 66 he 15 te 10 min 10 te 0 min
R’ u/e’ n u/rt r u/rt R u/et [ /e
Communications and
telemetry 3 362.5 [} 0 9.2 0 33 273.6 kR 599
Clack and sequencer 45 [} 0 0 [} 45 0 45 0]
Voltage regulator 0 0.7 [} 0.7 0.7 0 0.7 0 0.7
Camero 60 0 0 0 0 60 0 60 0
Totals 138 363.2 1 0 0.7 9.2 07 138 274.3 138 599.7

"R regulated.
“U/R unregulated
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Figure 34. Total pewer-drain profile

an appreciable time. Since battery charging should not
take place while the payload equipment is operating
from the battery, the test procedure will make provisions
to prevent charging during the prelaunch tests.

Ground power supply charger and monitor (service
area). The ground power supply charger and monitor of
the service area (Fig 38) will have a threefold purpose:

(1) To monitor the terminal voltage of each battery
and to regulate battery charging by means of volt-
age sensing.

[ RANGER PAYLOAD ;

BatteRy  [cWaRGE  [BatTERv A |BATTERY B | MONITOM
A AND B CUMMON MONITUR MONTTOR T UMMON
CHARGE
—
L TWO- POINT
RECORDER
9 TIMER [ ]
BYPASS oy a
1
(4
1 ! arce | ' x\o
CHARGER
I cnamaer  SOOR J ‘
[ | VIVM

CHRCUIT

{
] I
10 CHARGER 20 m"]
-m
STARTER TIME R ‘

N5 v ac

1% v ac

Figure 35. Ground battery charger and monitor,
launching pad area
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(2) To monitor individual cell voltages by selection
and to also indicate continuously the temperature
of each battery.

(3) To supply external power for payload equipment
when desired.

An external power supply will supply 0 to 40 v for
powering the payload equipment when it is not desirable
to use hattery power. An external-internal power relay
will select either battery power or power from the exter-
nal power supply for powering the payload equipment.
This relay will be part of the test cable and will not be
flown. The relay will be actuated by manually operating
an external-internal power-select-switch. The same switch
acts as a safety feature by turning off the charger when
internal hattery power is selected. The 27.5-v supply will
power the thermistor circuitry and the external-internal
power relay.

All connections for battery charging and sensing will
be made through the payload umbilical cord; all connec-
tions for measuring cell voltages and battery temperatures
will be made through two 25-wire plugs.

Battery and voltage-regulator bench test load. In order
to test the battery and voltage regulator power capabili-
ties, a test load was designed. The bench test load (Fig 37)
will cnable any flight power profile to be simulated. This
will be done by means of 4 continuously-variable load
ranges: (1) 0.08 to 0.55 amp, (2) 0.55 to 2.8 amp, (3) 2.5 to
10.0 amp, and (4) 8.2 to 47.0 amp. A panel-mounted cur-
rent meter will be supplied for each load branch; battery
terminal voltage will be continuously measured by an
external meter.

6. Thermal Control

A detailed thermal analysis, to determine a continu-
ous temperature~time history of the clectronic modules
throughou: the mission, was initiated and is continuing.
There are 3 separate computer programs being used to
analyze configuration, radiation-coupling factors, and
mission temperature-time histories.

Thermal analysis directed toward a passive thermal
control technique is being made. The primary design
parameters of such a system are:

(1) Location of the electronic modules within the
spacecraft,

(2) Emissivity and solar absorptivity of all exposed
surfaces.

{3) Mass available for thermal heat sinks.
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Figure 37. Battery bench test load

The Ranger TV subsystem consists of electronic mod-
ules that are in operation during limited time periods.
Detailed examination of the modules indicates that there
will be high thermal dissipation in some modules and
little thermal dissipation in others. For this reason, the
modules cannot be treated as a gross isothermal body, but
must be treated as individual units, and a temperature-
time history predicted for each unit. Temperature-time
histories will be predicted for the following modes of
flight:

(1) 100-nm parking orbit.

(2) Passage through the Earth's shadow.

(3) Solar-oriented cruise (1* phase).

(4) Mid-course mancuver.

(5) Solar-oriented cruise (2% phase).

(6) Terminal camera orientation mode (1-hr duration).

(7) Terminal equipment warmup mode (5-min dura-
tion).

(8) Terminal operational mode (10-min duration).
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The over-all result of the thermal analysis will be a con-
tinuous temperature-time history of appropriate elec-
tronic modules from launch to impact on the Moon.

Three machine programs are being used to analyze the
system. A program has been developed for the IBM-709
computer to evaluate configuration factors using the prin-
ciple of contour integration. The 2" program, for analog
computing equipment, evaluates radiation-coupling fac-
tors, which are a function of surface emissivities, module
arcas, and configuration factors. An RCA-501 computer
will be used to compute temperature-time histories of the
modules. The program for this computer is designed for
solution of the temperature-time dependence of a 30-day
body system, with cach body exchanging energy with
all other bodies by radiation and conduction.

Considerable design effort is required to evaluate the
radiation-coupling factors, conduction-coupling factors,
and cffective thermal mass for cach module. The
temperature=time forecast is dependent on the accuracies
of these factors, and in view of the complex geometry of
the capsule, effective evaluation of these factors can only
be obtained from testing of a thermal model. A detailed
thermal model is being constructed for testing. The model
will closely approximate a flight payload. It will be struc-
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turally accurate and contain modules that simulate the
electronic modules in size, weight, placement, and ther-
mal dissipation. The model will be placed in a vacuum
chamber capable of simulating external energy flux by
infrared radiation at pressures of 1 X 10 mm Hg or
lower. After necessary design information has been
obtained, a solar-simulation test should reveal any ther-
mal design problems that might exist, in time to permit
solutions for the proof test model.

A problem associated with thermal design is the evalu-
ation of contact conductance between mating surfaces.
Contact conductance between electronic modules and
structural mounting areas approaching that of solid metal
is desirable in order to minimize thermal gradients. A
literature search was initiated to determine what mate-
rials might be applicable. The conclusion was reached
that all mating areas should have specified flatness devi-
ation and surface roughness characteristics. If a particular
module must be removable from the structure, eithcer a
soft aluminum shim, silicon grease, or other appropriate
materials will be used between the interfaces. For fixed
modules, thermally conducting epoxies will be applied
to form a solid mechanical bond. Mechanical attachments
for the modules will be designed to provide a high, uni-
form contact pressure at the interfaces for removable
units.

A study has been conducted to determine an analytical
expression for conduction coupling. The first model inves-
tigated consisted of 2 heat-dissipating bodies, mounted
to an infinite, insulated plane. The model configuration
was mapped, by means of complex variables, to a plane

JPL SPACE PROGRAMS SUMMARY NO. 37-13

where the boundaries of the bodies appear as concentric
rings, a situation for which the conduction equation can
be easily written. By using the appropriate complex map-
ping function, the conduction equation was written for
the model, and an effective conduction coupling factor
was obtained. The model was extended to include many
bodies on a plane, with radiation exchange from the
surface. It is anticipated that the results of this study
will provide realistic conduction-coupling factors for the
machine program.

Design of the thermal model and proof test model test
facility was initiated. It is planned to use lamps to sim-
ulate incident solar energy on the capsule. A test fixture
is under development to provide a variable, uniform
intensity on appropriate surfaces.

Results are listed in Table 27 of the preliminary cal-
culations to determine magnitudes of thermal mass
needed to minimize terminal temperature rise. The results
indicate that many modules are sufficiently massive to
require no additional heat sink. However, a few units are
low in weight and have high dissipation densities; addi-
tional heat sink material is required for these units.
Change-of-state materials with favorable thermal proper-
ties (wax in particular) are being investigated for use as
additional lightweight heat sinks.

Temperature sensors for the spacecraft have been
designed using the following system parameters:

(1) Supply voltage, 27.5 v.
(2) Output voltage range, 0to —5 v.

Table 27. Preliminary estimate of effective heat sink weight required to hold impact temperature below 60°C*

Power dissipation,w Additienol Crvise temperatures, °C .
Comp t | howt sink g
Compenent Size, in, - weight, Ib weight :,:'..: With ln'::o.."c
rvise Wermup Operetion required power en poewer on

A26 telemetry 12X 5%, % 5% s 12 12 10 0 0 6 7
A16 power supply 8X6x4 0 10 75 n [ 0 ] 30
A4 transmitier 8.76X85.75x2.58 0 [} 90 4 0 0 [} 52
A5 amplifier S X 2% X 2% 0 7 70 1 0 0 6 108

19 0 ] 53
A24 4-port hybrid 6% DX 1y, 0 0 5 1.5 0 0 ] 3
A25 dummy load IX1X 14 0 0 60 2.5 0 0 é 53
A7 power relay IXIX2? 0 4 4 0.9 0 0 [} 58
A10 battery 7.3 X167 %6 2 0 120 44.2 0 0 [] u
A12 regulator IXSX)S 5 73 84 3 0 0 6 73

1.0 é 60
“Based on weight of aluminum.
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(3) Subcarrier oscillator input impedance
Cruise, 500 K.
Terminal, 1 megohm.

It was determined that 2 temperature ranges would be
adequate for monitoring all of the desired temperature
test points. The ranges chosen are --10 to 65°C, and
~10 to 100°C.

7. Subsystems Integration

Electrical. The design concept has been established
for command switching of the TV subsystem by real
time command (RTC) signals from the spacecraft bus.
The purpose of this switching is to set the TV subsystem
into different modes of operation required by the mission
sequence of events.

Figure 38 shows the circuits and interconnections used
for mode switching. Switching is accomplished by means
of a rotary stepping switch that advances 1 position for
each RTC signal received, and relays that are energized
or de-energized depending on the rotary switch position.
The 3 RTC signals which operate the command switch
are:

(1) Warmup signal.
(2) Emergency mode signal.
(3) Emergency mode-off signal.

When the warmup signal is received, the commaned
switch advances from Position 0 to Position 1. This action
energizes Relay K6 in the command switch, Relays K3
and K4 in the transmitters, and Relay K5 in the telemetry
section.

When Relay K8 is cnergized, a regulated  27.5-v de
power line is closed, applying  27.5 v to the sequencer
and camera assemblies. The camera sequencer and cam-
era assemblies do not have power switches; the applied
—27.5 v starts the operation of these assemblies. Relays
K3 and K4 apply unregulated - 39 v dc to the transmitter
power supplies. Relay K5 in the telemetry section closes
contacts to —-27.5-v regulated power to initiate terminal
telemetry operation.

The warmup signal has a backup from the CC&S in
the bus. This equipment provides a 100-ma contact clos-
ure for the backup signal. Total current required by the
relay coils is 410 ma. Therefore, the CC&S signal 1aust be
amplified to operate the relays in the absence of the RTC
warmup signal.

The emergency mode signal is the next RTC mission
sequence. When the emergency mode signal is received,
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the command switch advances from Position 1 to Position
2, energizing Relays K10 and K11 in both transmitters.
When these relays energize, the cameras become discon-
nected from the transmitters and the terminal telemetry
signals are connected directly to the transmitters. In this
position of the command switch, the warmup signal is
still applied to the warmup relays to keep the TV sub-
system in operation.

The final signal received from the bus is the emergency
mode-off signal. This signal advances the command switch
to Position 3, causing Relays K10 and K11 to de-energize.
With Relays K10 and K11 de-energized, the cameras are
again connected to the transmitters, and the TV subsys-
tem performs in the normal operating mode. The warmup
signal is applied to the appropriate relays as in the other
modes.

Position 3 is the final position to which the command
switch will be advanced during the mission.

It is not planned to use the switch during subsystems
tests, except to test operation of the switch itself; there-
fore, no provisions are made to operate the switch from
any other source except the RTC command contact in the
bus. All TV subsystem signals generated by the switch
will be simulated on the test panel.

Mechanical. Mechanical design developments and re-
finements of subassembly packaging have made it neces-
sary to revise the initial component arrangement. The
revised arrangement is shown in Figure 39.

The new arrangement concept complies with the
requirement to keep the hatteries as low as possible in the
structure, yet accessible for ease of installation and steri-
lization. The batteries are located within the structural
box, formed by the vertical longerons and side plates, and
are assembled from the bottom of th payload. This
method of assembly eliminates the need for cutouts in the
plates forming the structural box and access doors in
the thermal shroud. More efficient use is made of the
remaining spiace and, mounting surfaces for control of the
center of gravity, of moments, and of thermal and elec-
trical requirements.

A specific camera layout has been completed and a
structural mounting bracket for accommodation of all 6
cameras has been designed and is being fabricated. The
bracket is a single unit with provisions for alining all
cameras in the proper angular relationship to one another
without further adjustment. The bracket and camera
assembly is installed within the structure on adjustable
mounts for alinement of the entire camera array as a unit
to the desired angle, representing the terminal velocity
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SECTION B-L SECTION € -C

CAMERAS

B
I:o

P

q
EE b 4
H

SECTION A-&

[y

R

Unit weights and dimensions

Reference Unit Waight,
designation [}
Al Cameras (6 cameras and 60.0
filter whee! on single bracket)
A2 through A7 Camera electronics (6) | LXR |
A Video combiner | 1.0
A9 Sequencer , 9.0
A0 ond Al Batteries (2) | 0.4
A12 ! Regulator 3.0
A3 i Commaond switch 1 20
Aldand A19 Transmitter madulator (2) | 80
A5 and A20 Amplifier, 80 w (2) 2.2
A6 and A2V Power svpply (2) I 220
A17 and A22 Power reloy (2) l 18
Al8 and A) Signal samplers (2) 0.4
A24 4.port hybrid 15
A25 Dummy load 2.5 )
A26 Telemetry 10.0
A27 i Temperature sensor 1.5
A28 Sequencer power supply 4.6
A29 and AJ0 Telemetry processing (2) 0.5
— Structure, thermal shield 70.0
_ Electri-al harness 15.0
Total weight 347.2

Figure 39. Arrangement of components
in basic structure
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vector. The camera arrangement within the structure is
shown in Figure 40.

The revised moment values are tabulated in Table 28.
The revised computation of the center of gravity is

= IWZ 69663
B=-Riait A R T Y
23w g 0O

Zpaytoad = 477.60 — 20,05 = 457.55 in.

S YWY 397
T oSw L -0114
Y oIw s
)_’ptmlmul -0.114 in.
- XWX -14s
- T —0.042
W 3472 )
i[mulmni =~ —-0.0421n.

Total payload weight is 347.2 1b, and the center of gravity
location for the spacecraft-payload combination satisfies
the JPL requirements.

8. Ground Support Equipment

The designs for the Ranger TV subsystem ground
receiving equipment and ground checkout equipment
have been finalized. Plans for the Goldstone equipment
call for a 30-mc, caged preamplifier to be located on the
antenna. The design provides for redundant receivers
and tape recorders. Included also are 2 Kine-recorders
which can be used for direct on-line or off-line photo-
graphic recording. The Channel 8 telemetry is selected,
by means of an appropriate filter, from the wide band
telemetry. After demodulation, the telemetry data can be
presented as a printout.

Signal processing and interconnection switching have
also been finalized, providing a versatile operational
cquipment. A 2 channel test transmitter is also planned.
This test transmitter can be modulated either by signals
from the video and sync simulator or by a prerecorded
test tape.

Designs for a Ranger TV subsystem panel and a single-
channel test transmitter for the ground checkout equip-
ment have been finalized. The Ranger TV subsystem
panel will permit exercising the spacecraft equipment by
simulating command signals as well as making the correct
connection to the checkout equipment. A single channel
transmitter, which can be switched to cither of the 2 fre-
quencices, is provided for test purposes. The Goldstone
receiver is replaced with a 980-mce front end for the tests.

The checkout panel to be included in the block house
cquipment is being designed  This panel will permit a
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TYPE - P CAMERAS (4)

Figure 40. Camera array

brief exercise of the spacecraft through hard-line connec-
tions while it is emplaced on the launching pad. A receiv-
ing antenna and tower will be provided te receive the
reduced power transmissions from the spacecraft during
the countdown checks.

All primary power requirements for the GSE have been
established and equipment layouts for the various installa-
tions have been reviewed. In addition, the interface
between the RCA equipment and the ground support
equipment at Goldstone was established.

The operational ground station comprises 2 major
ground equipments: the TV data recording and display
equipment, and the ground communications cquipment,

a. Data recording and display.

Subsystem description. The Ranger TV ground support
equipment (GSE: TV data recording and display sub-
system) provides 3 primary functions:

(1) Data recording (telemetry and TV information).
(2) Data reduction {TV information).

(3) Control of checkout and exercising of the sub-
system.

CONFIDENTIAL

Data recording will provide interim as well as archival
storage of events on a multi-channel, continuous-tape,
magnetic recorder. Data reduction of information in the
form ot television signals will be recorded by a 35-mm
film camera. GSE subsystems, intended for checking and
exercising the system, will be provided by 1 kinescope
and film-camera combination capable of recording either
slow-scan or fast-scan video channels individually. Con-
trol of the subsystem will be manual and will include
control of power, operate-test mode, CRT display desig-
nation (in test mode), and film camera. Monitoring of
on-line or off-line video signals will be displayed by an
A-scope which will receive appropriate syne and video
signals. The A-scope will also be capable of displaying
waveforms from other parts of the subsystem.

Figures 41 and 42 are block diagram and equipment
layout, respectively, of the TV data recording and display
ground checkout equipment.

Tape recorder. The tape recorder is a 4-channel, wide
band, continuous lincar magnetic-tape system which will
record and play back the composite video and telemetry
signals reecived from the subsystem interface equipment.
Mincom tape recorders will be used in GSE Units 1 and
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Table 28. Center of gravity computation

Reference Weight, wX, wy, wiz, wZ’,
designation Unit to X, in. in.-b Y. in in.-1b Zin in.-lb b-in.’
Al Comeras & (cameras 60.0 0 0 0 2561.0 137,800
and filter wheel) . . B
A2
through Camera electronics 43.8 0 0 0 25.70 11207 29,000
A7
AS Video combiner 1.0 7.0 o] 22.70 227 774
A9 Sequencer 9.0 6.8 61.2 7.00 63.0 294
Al0
and Batteries "4 0 0 [} 12.3% 1090.0 14,350
A}
A2 Regulator 3.0 80 6.0 18.0 14.00 42,0 588
AN Command switch 20 10.0 - 200 14.00 280 392
Al4
and Transmitter moduiator 80 0 0 0 14.25 1140 1,625
A9
AlS
and Amplifiers, 60 w 2.2 ] V] ] 12.50 27.5 J44
A20
Alé
and Power supply 220 [} [+} 0 7.0 154.0 1,030
AN
A7
and Power reloy .8 [ ] [\] 53 9.6 L]
A22
AlS
and Signol samplers 0.4 [} 85 - 34 120 4.8 57
A2
A24 4-port hybrid I 1.5 6.5 0] 0] 14.50 0.8 6
A28 Dummy load ! 2.5 7.0 (1] ] 19.0 47.5 704
A26 Telomelry 100 0 7.3 730 LR ] 68.0 462
A27 Temperature sensor 1.5 0 9.0 128 120 18.0 20
A28 Sequencer power 46 7.0 o i o 2.6 1040 1750
supply
A29
and Telemetry processor 0.5 [} 0 0 13.0 6.5 85
A0
Structure and thermol 700 0 0 0 16.16 14540 32,000
shield
Harness, electrical 15.0 — —_ — — —_ -—
Totals 347.2 39.7 6966.3 201,90

2; Ampex tape recorders will be used in GSE Units
Jand 4.

Sync and video simulator. The sync and video simulator
contains the test-pattern control, syne generator and
video-simulator circuits. These circuits produce the fune-
tion necessary to perform a comprehensive subsystem test
to determine equipment operability. The test-pattern con-
trol panel enables selection of the various test signals
which the simulator is capable of generating. The sync
generator produces the timing waveforms required to
operate the video simulator. The video simulator develops
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composite video signals which produce test patterns
within subsystem operating ranges so that kinescope
operating parameters can be determined.

The generated video test signals are selectable by a
rotary switch on the simulator unit. These signals (Fig
43) comprise:

(1) Vertical bars (2 raster lines wide).
(2) Horizontal bars (2 raster lines wide).

() Grating pattern (horizontal and vertical bars).
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Figure 41. TV data recording and display ground checkout equipment

(4) Gray scale.
(5) Resolution bars (5 bursts of sine waves).

(6) Composite test pattern (grating, resolution bars,
and gray scale).

The sync tips carry tone signals in accordance with the
Ranger TV GSE subsystem specification, except that the
tones carried by the Camera A-B rate composite video
will be selectable by a test-pattern control-panel rotary
switch,

The sync generator unit consists of an 18-ke, crystal-
controlled, master oscillator and and gate logic circuits
that perform frequency division to the line and frame
rates, and intermediate divisions to provide for triggering
of the video generator.

The 18-ke, crystal-controlled oscillator circuit is shown
in Figure 44. This circuit provides a positive-going pulse
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varying from 8 to 0 v at an 18-kc rate. The pulse rise time
(measured between the 10 and 90% points) is less than
0.22 psce. Pulse width is not critical but is approximately
35 usee. The circuit consists of 2 tran.. tor amplifiers i1
scries, with positive feedback from the 2" to the 1%
through a quartz crystal in the sc-ies-resonant mode. A
clipped 18-ke sine wave is produced at the output of the
2n amplifier, and is then fed through an inverter to pro-
vide the required rise time. Fabrication of the improved
18-ke oscillator has started.

The video generator unit consists of and gate logic,
shift registers, 1-shot multivibrators, gated oscillators, a
register matrix, and a video-processing amplifier. The
vidco-processing  amplifier breadboard has been com-
pleted, finishing the task of breadboarding circuits.

The and gate logic and the 1-shot multivibrators gen-

crate horizontal and vertical bars and a grating pattern
determined by the line and frame syne rate. One shift
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register drives the resistor matrix to generate the gray
tone signal with a gamma factor of 0.5, Another shift
register drives the high-stability gated Colpitts oscillators
to produce multi-burst resolution bars at the line sync
rate. A gated oscillator module, controlled by a vertical-
sync-rate-gate pulse, generates the coded tone signal. The
video-processing amplifiers contain 2 resistor-diode video
and sync mixer circuits and a line driving amplifier.

CONFIDENTIAL

RECORDER

The mechanical configuration has been changed to

accommodate the gated oscillators, The origimal design

GRATING
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Figure 42. TV data recording and display ground checkout equipment
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stipulated that cach gated oscillator board would contain
5 tank circuits (only 3 of which would be used) of differ-
ent center frequencies. When the board layout was being
designed, it was found that 5 tank circuits could not be
fitted on 1 board. It was necessary to provide a 2™ type
of module to provide gated oscillators in the required
quantity and frequencies. The same board and parts are
being used in both modules. The only difference is the
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Video test signals

Figure 44. Schematic of 18-kc oscillator
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resonant frequency of the tuned circuits being incorpo-
rated into the module.

Power supplies. The power distribution unit consists
of a control panel, blower, and 9 individual dc voltage
power supplies. This unit provides control of the ac
and dc voltage requirements of the TV data recording
and display subsystem. A blower, located at the bottom
of the cabinet, provides ventilation that maintains safe
operating temperatures for the power supplies. The indi-
vidual power supply voltage, current, and voltage limit
ratings are listed in Table 29.

Monitor and control unit. The monitor and control
unit contains a monitor and control panel, camera patch
panel, monitor scope (1 in the checkout configuration, 2
in the operational configuration), Channel S-F sync
chassis, Channel F sync and tone-decoder chassis, 2 sync
and tone decoder-module nests, and a communication
panel. This unit provides a central point from which the
subsystem can be operated. The monitor and control
panel contains switches, indicators, counters, and a clock.
The switches provide selection of operating commands
for a subsystem during test or operate modes. Lights in
switches and indicators provide monitoring information
of system status and operation conditions. The counters
indicate the film-recorder camera operation by counting
the frame exposures of the 35-nun camera, and the clock
displays a 24-hr GMT. The monitor or scopes (depending
upon the subsystem configuration) monitor the video sig-
nals being applied to the kinescope display circuits.

Table 29. Power supply voltage and current ratings

Neminal voltage, v Current, amp Voltage limits, v
- 4.5 5.0 4410 - 4.6
120 50 11.7510 ~ 12.25
16.5 10.0 16.110 - 16.9
26.0 20.0 25510 ~26.5
150.0 0.8 - 14710 153
300.0 1.5 -294 10 - 306
120 5.0 11,7510 12.25
150.0 0.8 147 10 153
300.0 3.0 294 10 306

The Channel S=F sync chassis and the Channel F sync-
tone decoder chassis separate and develop signals to pro-
duce the picture presentation and select the proper color
filter indicator lamp at the film recorder. The sync and
tone-decoder Nests 1 and 2 contain the modules which
provide the syne and tone-decoder logic required by the
film recorder.

Tones are separated from the composite video signals
by 2 identical tone strippers. The tone strippers are
shown in Figure 45. Each stripper consists of 3 decoders
that are identical except for the frequency of the input
filter. The filter possessing frequencey characteristics sim-
ilar to the tone frequency will pass the tone to the tone
decoder. The tone is amplified by Q1, Q2, Q3, and Q4. The
amplified tone is detected, integrated, and applied to the

DlAs'I:'Lalt":EIgN = FiLTER
L
2320022 ut
Eo
o
Figure 45. Tone decoder
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Schmitt trigger, consisting of Q5 and Q8. The Schmitt
trigger output is amplified and clamped to - 4.5 v. Tone
decoder outputs are used to indicate absence of tone and
to indicate the color of the filter used in the TV camera.

Input to the tone stripper is from the video-distribution
amplifier, shown in Figure 46. The video-distribution
amplifier is an impedance-matching device, accepting
video signals from a 9l-ohm impedance and driving
91-ohm lines. The input signals are nominal l.v peak-to-
peak positive-going wave forms from a - 1-v reference
level. The module comprises 4 identical but separate cir-
cuits, each having unity gain. Terminal connections are
such that maximum usage flexibility is provided.

Film recorder unit. The film recorder consists of a
35-mm camera, Polaroid-Land camera, high voltage
power supply, camera control, kinescope, kinescope-
control circuits, and deflection amplifier. Figure 47 is
a block diagram of the film-recorder unit. The primary
purpose of this unit is to provide a film record of the
kinescope display. The kinescope display is transmitted
from TV cameras on the payload, and a 35-mm camera
photographs the picture produced on the face of the
kinescope. Adjacent to the TV picture on cach 35-mm
frame is a picture of a data box, consisting of a 24-hr
clock, frame counter, tone-code notation, and a write-in
block for other pertinent information. The Polaroid
camera provides a means of monitoring the display
operation of the film-recorder unit by rapidly furnish-

FULLDOWN AND SHUTTER DRIVE

DATA_QOARD $16NALS
FRAME COUNTER T 1

12 v
Q2
Qi
INPUT m OUTPUT
100
68.
909 69
12 v

Figure 46. Video distribution amplifier

ing a print of the kinescope display. Also provided
with the Polaroid picture is a data-block display with
information nearly identical to that photographed by
the 35-mm camera. The kinescope electronics, deflection
amplifier, high voltage power supply, and camera-control
subassemblies provide the necessary functions for the
kinescope to produce a quality picture and control the
action of the 35-mm camera.

The 35-mm camera lens was selected on the basis of
extensive tests performed by RCA Applied Rescarch in
Camden. Five lenses were tested (Taylor-Taylor and
Hobson, Bausch and Lomb, E. Leitz, Canon, and Nikkor).
On the basis of tests performed, the Canon 100-mm
/3.5 lens was sclected. The sine-wave response of this
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Figure 47. Film recorder unit
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lens (800 TV lines per picture height) at f/4.5 was 84%;
at /8, it was 90%. Calculations to establish the required
exposure indicate that the lens opening will be between

/4.5 and f/8.

Eastman Kodak film 5374 was tentatively selected.
Resolution figures were obtained from Eastman. On the
basis of sine-wave response testing of 5302 film and
the comparison obtained from Eastman between 5302
and 5374 (5374 has approximately 15% better resolution
than 5302), the aperture response of 5374 film with an
800 TV-line raster has been calculated to be between
75 and 80%.

A process has been established and tested for develop-
ing the 5374 film which will result in a transparency hav-
ing & gamma factor of 1.

b. Ground communications. The purpose of the com-
munication portion of GSE being supplied to the DSIF
Coldstone facility is to reduce the composite 960-me
signal into 2 separate video signals and a print-out of
the telemetry information. In order to accomplish this
with maximum reliability, a completely redundant systen
is used (Fig 48).

960-mc information is received and translated into a
30-me IF signal. To assure a flat 2-mc bandwidth, a
separate 30-me IF preamplifier is mounted on the antenna.
This composite signal is coupled to the RCA equipment
located in the operations building. At this point. the 2
channels are separated: 1 is processed by a 4.5-me IF, the
other by a 5.5-mc IF. After limiting, the signal is detected
and the telemetry information  separated  for further
processing. The video signal then goes through a low pass
filter to suppress the telemetry channel, followed by a de-
cmphasis network to restore the flat video spectrum. This
signal is then fed to the kinescope recorders for real
time display.

Tape recorders are used for predetection storage of
received signals. For this purpose, the 5-me IF is trans-
lated to a 500-ke carrier, recorded on 2 channels of a tape
recorder. For playback, the outputs of the 2 channels
are combined and fed to a 500-kc demodulator. This
composite signal is then coupled (in place of the 5-mc
demodulator output) through filter networks to the kine-
scope and telemetry reduction system,

The telemetry-reduction system has an analog-to-digital
converter with print out. Analog information may be
reccived in 3 ways:

(1) Cruise telemetry: Channel 8 over the bus trans-
mitter. An IRIG demodulator is used to reduce
the Channel 8 FM signal to an analog voltage.

(2) Terminal telemetry. A 225-ke subcarrier on the TV
transmitter is demodulated to obtain the analog
telemetry signal,

(3

mergency telemetry, The 5-me signal is fed to
a narrow-band phase-locked loop. The output of
the phase-locked loop is coupled to the Adeon unit.

The Adcon unit provides a synchronizing signal to the
print-out. The telemetry information is printed out using
a 2-digit format (from 00 to 99),

To test the ground system, a TV simulator will be
incorporated. To check the communication portion of the
ground station, the signals from the simulator are pre-
emphasized and fed to the test transmitter located in the
collimation tower. At the collimation tower, the flight
transmitters are simulated at a 1-mw level, combined with
the bus signal, and radiated to the Goldstone dish. Power
levels of the test transmitters are calibrated so that the
DSIF equipment may be checked at a threshold signal
level.

Vendor sources for the low noise preamplifier for the
CGoldstone installation are being investigated,
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Il. Surveyor

The objective of the Surveyor project is to soft-land a
series of spacecraft on the Moon. The Hughes Aircraft
Company, under contract coverage from the Jet Propul-
sion Laboratory, has the responsibility for the design and
development of the spacecraft, ground support and data
handling equipment, primary documentation, and mission
operations.

A Surveyor spacecraft design for the first two missions
has been released and placed under formal change con-
trol. A number of improvements have been incorporated
in the general spacecraft arrangement, as well as in sub-
system design. Improvements in the flight control system
include converting from an open-loop vernier thrust com-
mand channel to a closed-loop acceleration command
servo; in addition, the bang-bang solenoid actuator in the
thrust-phase roll control system has been replaced by a
proportional positioning servo.

Calculations of vernier propellant consumption have
been refined; one significant result was a reduction of
main retro-engine propellant weight. The descent tra-
jectory conditions under which blind zones for doppler
radar operation can occur have been studied, and it
appears desirable to modify the radar logic circuitry to
minimize blind zone effects. A more refined analysis of
touchdown dynamics, based on latest weight and center-
of-gravity locations and on actual (rather than rigid-body)
loads, has been completed. Lateral vibration testing of a
spaceframe with simulated components was completed
and design improvements incorporated as a result. A pro-
totype thermally controlled compartment is being tested
in a high-vacium chamber to evaluate effectiveness of
the multiple-layer radiation insulation,
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Coupling coefficients have been measured on slot pat-
terns for the planar array antenna to determine slot
spacing for desired phase corrections. A complete func-
tioning breadboard of the altitude marking radar is being
tested in a roof-house installation. Some components for
the radar altimeter and doppler velocity sensor have
completed breadboard tests.

Testing of flight-type components for the vernier
propulsion system has started. Vernier thrust chamber
performance has been helow specification limits, but
maodifications now being tested show considerable im-
provement. Two spaceframes have been delivered to
Thiokol for use in tests of the vernier system. Grain
cracking took place in the second main retro-rocket
engine fired; stress relief boots were added in the third
engine fired and cracking did not occur.

Developmental extension booms and test fixtures have
been fabricated for cold gas actuation tests, and wiring
harnesses of various types for the booms are being tested.
A design improvement in the solar panel/antenna posi-
tioner will give a substantial weight reduction. Generally
satisfactory results were obtained in tests of the subsur-
face sampler in a high-vacuum chamber.

The Atlantic Missile Range spacecraft test procedure
has been revised in accordance with the decision to per-
form terminal  sterilization of the spacecraft before
mounting it on the Centaur. Fabrication of components
for the command and data handling console has started.
A specification for the Surceyor spacecraft simulator has
been prepared.
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A. System Design Summary

1. System Description

The spacecraft configuration, incorporatirg all scientific
instruments designated for the first two missions, P-42 and
P-43, has been released and is under formal change con-
trol. The general arrangement for the stowed, mid-course,
and post-landing conditions is shown in Figure 1. Addi-
tional views of the post-landed configuration are shown
in Section ]. The significant configuration changes since
last reporting are also described in Section J.

Two important design changes have been made in the
flight control system during the reporting period. First,
the thrust control system has been converted from an
open-loop thrust command channel to a closed-loop accel-
eration command servo. This has been accomplished by
extending the use of the accelerometer in the mid-course
velocity control system to the terminal phase. The second
important modification involves a change in the thrust
phase roll control system. The bang-bang solenoid actu-
ator originally planned for use in a limit cycle control
system has been replaced by a proportional positioning
servo employing a conventional 400-cps servo motor.

2. Weight Summery

Current weight status is summarized in Table 1 and
broken down in detail in Table 2. The weight reporting
format has been expanded to include columns for maxi-
mum allowable weight, current design weight, and pre-
dicted flight weight. The previously reported “current
weight” column was intended to show current predictions
of flight weight, and has been renamed “predicted flight
weight” The newly added column, “current design
weight,” shows weights associated with current hardware
designs; these weights are obtained by estimate, by cal-
culation from drawings. or by actual weight measure-
ment, depending upon the state of development of the
hardware involved. Predicted flight weights are shown
to be less than current design weights only when means
for weight reduction are known and are in process of
incorporation; these weight reductions will result in Jower
current design weights in future reports. Additional
means for weight reduction that are under study, but are
not presently being incorporated, arc not included in
predicted flight weights.

The total scparated flight weight reported in SPS 37-12
was 2527.5 pounds (based on 345 pounds of scientific
payload weight), compared the present pre-
dicted flight weight of 2537.8 pounds. The greatest in-
crease has been in the spacecraft vehicle subsystem, for
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Table 1. Spacecraft weight summary

ehowebis | dogn | g
. deosign flight
tom weight, weight, welght,
» » [
Total separated weight 2500.0 25747 2837.6
Basic bus 533.0 618.1 5968
Usable propeliant 1602.0 1605.0 1590.0
Scientific poyload 345.0 NG 350.8

which the weight reported was 1618 pounds,
compared with a present current design weight of 182.1
pounds. This increase results from computer stress analy-
ses and test data from spaceframe S-1 that indicate a
need for stronger attachment fittings, additional truss
bracing, and increased wall thickness in certain of the
tubular members of the structure. At the same time,
there have been reductions in the antenna/solar panel
positioner and main retro-engine weights. A 15-pound
saving in the retro-engine has been achieved by further
trajectory optimization studies.

3. Electrical Energy

An electrical energy summary is shown in Table 3. This
summary assumes launch on the eighth day of the launch
window in August 1963; for this launch condition, solar
energy will be available to the spacecraft for 163 hours
from touchdown until crossing of the first day/night
terminator. The current estimated energy requirements
are based upon the payload specified for Missions P-42
and P-43.

The total available daytime energy, 7628 watt-hours,
represents a significant increase over the available 5180
watt-hours reported in September 1981. This increase
results primarily from a redesign of the battery charging
circuitry to make more of the total incident energy avail-
able to the electrical power system. In addition, more
energy is predicted available a< a result of re-estimating
the post-landing remainder of the first Junar day to be
163 hours instead of the 150 hours assumed previously.
Portions of the increase in available energy have been
made available to the basic bus, the scientific payload,
and the reserve. Nighttime energy is supplied by bat-
terics that are charged to their full capacity of 5300
watt-hours prior to passing of the day/night terminator.

4. Command and Data Channels

Command and data channels now being provided in
the spacecraft are summarized in Table 4. In the table,
the channels are divided between those required for the
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Figure 1. Spacecraft general arrangement
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basic bus and those required for the scientific payload.
Command and data channels listed for the scientific pay-
load include those required by the Hughes-supplied
instrument auxiliaries, both mechanisms and electronics,

in addition to the specific instrument requirements. The
figures indicated in this summary are based upon the
scientific payload specified for the first two missions, P-42
and P-43.

Table 2. Weight breakdown

Maximum | Current Prodicted ximum Curront | Predicted
alloweble design flight llowable design flight
ltom weight, | weight, | weight, ltom weight, weight, | weight,
» » » [} » ]
1.0  BASIC BUS (total) 553.0 618.1 596.8 2.0 USABLE PROPELLANT (total) | 1,602.0 1,605.0 1,590.0
1.1 Flight control 4.4 46.4 2.1 Retro-rocket propeliant 14444 | 1,4294
Sensor group 2.2 Vernier propetiont 160.0 160.0
Secondary sun sensor 23 " . 0
Attitude control system . Pyrogen propellant (igniter) .8 0.6
1.2 Electronics 93.9 91.9 3.0 SCIENTIFIC PAYLOAD 345.0 3516 350.8
Dato Link (ontennas (Missions P-42,iP-43) (totel;
RF switches, transmitter 3.1 TV comeras Nos. 1, 44.0 448
and diplexer, command 2 ond 3, ond mirrors
iver and tr der)
v 3.2 TVdecod d 1. 1.
Centrol command decoder of and processor 3 3
Central signal processor 33 :zh;;::l'u::lon telescope 14.9 14.9
Altitude marking rodar
Doppler velocity senser 34 Subsurface sampler 433 428
and altimeter 3.5 Surfoce sampler 100 100
Power control system 3.6  Spocecraft anchoring device 10.9 0.9
v c.mu No. 4 3.7 Somple procemor 13.5 138
Engineering date
processing 3.8 X-ray spectrometer 28.9 289
Mechanisms auxiliaries 3.9 X-roy diffractometer ny N
3 ::l‘"k.ln':l.'" 33 383 3.10 Gos chromatogroph 3.8 13.5
lar pa
Batteries n Sud?« geophysical subsystem s 384
1.4 Maechanisms 3.4 27.8 Density backgreund counter
Positioner, planar Surface density instrument
antenna/selor panel and acoustic sentor
Antenna mechanisms, Surfoce thermal diffusivity
omnidirectional instrument
Safety and arming Surface mognetic
provisions susceptbility instrument
Separation sensing device Acoustic sensor
1.5 Spacecroft vehicle 1809 1021 Acoustic source
Spacecraft structure Soil mechanics instruments
Landing gear installation Resistivity inst ot
Equipment attaching hardware esistivity instruments
Bmui N A, Rodiation pyrometer
s ."r‘ c " Penetrometers
Electrical wiring Subsurfoce geophysical
Pneumatic lines, auxiliaries
attitude control 3.12 Subsurface logging sonde 4.5 4.5
Reloase mechanism, 3.13  Acoustic velocity auriliaries 30 30
refro-rocket engine
Engineering meosurements 3.14 Tape recorder 10.6 10.6
»ensors i 3.15 lonizati b, b, LI' 56 54
16 Spacecraft propulsion n90 208.1 3.16 Scientific instrument 29 29
(not including usable mechanisms auxiliaries
propellant) TP
Rocket engine, main retro 307 Scu‘n.nﬁ’: instrument thermal 53 53
. . auxiliaries
Vernivr propulsion system g .
Unusable vernier propellont 3.18 Scientific poylood batteries 620 620
Helium 3.19 Electrical wiring 17.0 17.0
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Table 3. Electrical system energy summary

Daytime, 163 hovrs Nighttime, 350 hours
Ener Current Current
hd Allowable | o\ ored |Allowable | o oted
watthours| iy hours (WOTHROUTS | oy hours
Total available energy 7628 7628 5300 5300
Scientific payload 5385 5320 4128 4129
operation
Basic bus operation 745 734 827 88s
Energy reserve 1528 1574 343 286

Table 4. Spacecraft command and data channels

ftem Commands Cl::':oh
Basic bus
Data link and TV camera No. 4 29 20
Signal processing 29 -
Mechani propulsion, ond vehicl Fil 47
Electrical power and rodar 4 15
Flight control 25 64
18 146
Scientific paylood

Tape recorder 10 -
Surfoce geophysical 29 9
Subsurface gecphysical 12 7
Geophysicol thermal 5 9
Acoustic velocity 4 9
Subsurface sampler ond processing 2 17
Surface sampler 9 4
Gaos chromatogroph 12 9
X-ray diffroctometer n 5
X-ray spectrometer 13 5
Radiation detector 7 5
Television system 32 12
163 1]

TOTAL 283 237

B. Scientific Instrument Payload

In addition to accomplishing the functional integration
of the scientific instruments into the spacecraft, Hughes
Aircraft Company has provided technical assistance to
JPL in the development of the prototype instruments.
As a part of that assistance a number of instrument
changes have been evolved. The major changes are ve-
viewed below:

1. Gas Chromatograph

The development of the prototype gas chromatograph
is being carried out by a new vendor, Beckman Instru-
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ments, Inc. Beckman Instruments did not carry out the
original breadboard development, and in the prototype
development some changes in design approach which
affect the instrument/spacecraft integration have there-
fore been made.

The breadboard design of the column detectors used a
tritium foil radiation source, which ionized the gases
passing through the columns, so that gases other than the
carrier gas (helium) could be detected. The Beckman
design uses a Karmen detector, which is a voltage regu-
lating, device, for performing this function. The Karmen
detector employs a corona discharge effect for detecting
unknown gases passing through the columns. As an un-
known gas passes through the detector, the voltage regu-
lating characteristics of the detector change. Thus the
presence of a gas other than the carrier gas may be
detected by changes in the detector anode-cathode volt-
age. The cffect of this change in type of column detector
is to require that the spacecraft provide different forms
of power for the chromatograph.

A change has also been made in the number of data
channels reguired. Originally the variation in column
temperature was monitored to a tolerance of £0.5° C. It
is now felt that « 025 C is required. To attain this
accuracy would require an additional amplifier, result-
ing in a significant weight increase. To avoid using these
additional electronics, the following indirect method of
measuring this parameter is being pursued. Since it is
the variation in column temperature rather than its abso-
lute value that is important, the absolute temperature
will be measured to the larger tolerance of 217 C. The
temperature variation during a run will be determined by
monitoring the voltage of the column temperature con-
troller and also the battery voltage. These two additional
measurements will provide the measurement accuracy
required. A study is being made to determine the effect
on the spacecraft of the change in the form of power
required and the additional data channels required.

2. X-Ray Diffractometer

In SPS 37-12 a proposed reduction in the diffractom-
cter data transmission bandwidth was discussed. All of
the technical problems associated with this change have
been resolved, and a change in the diffractometer inter-
face description is being prepared. This change allows
the diffractometer data to be transmitted on the low-
power transmitter, rather than the high-power transmit-
ter, with a resultant saving in power. The data bandwidth
docs reguire the entire capability of the low-power
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transmitter, however, and no other experiments can be
operated during transmission of diffractometer data.

The scan range of the goniometer has been increased
from 50 to 83 deg in order to detect additional minerals.
This increase will increase the time required to scan
the range. As part of this change, Hughes Aircraft Com-
pany is conducting a study, at JPL’s request, of the
feasibility of allowing real time decisions during the scan.

The high-voltage power supplies for both the diffrac-
tometer and spectrometer have been moved from the
thermally controlled compartment and packaged as part
of the soil analysis instrument group. This change has
been made (1) to reduce the length of the 25-kv
high-voltage cable from the power supplies to the meas-
uring heads, and (2) to climinate a possible thermal
dissipation problem within the compartment where the
high-voltage power supplies were previously mounted.
This change of location places a new requirement on the
power supply designs. Since they are not now thermally
protected by the compartment, they must be designed to
survive the very low temperatures of the lunar night.
This requirement is being included in the present design.

3. Physical Parameters Package

Three of the four temperature measuring devices in
the physical parameters package are now interferometer
spectrometer radiometers, rather than total radiation
pyrometers as previously used. The fourth device is a
thermopile. The change to the interferometer was made
because it had become apparent that the development of
the total radiation pyrometer could not be accomplished
in the time span of this program. The sclection of the
interferometer spectrometer allows the use of a slightly
modified off-the-shelf item although it does impose more
difficult interface problems on the spacecraft. It requires
increused power and additional volume in the tempera-
ture-controlled compartment and may present a problem
in the accuracy of transmission. These problems are now
being investigated at Hughes Aircraft Company.

C. System Analysis

1. Guidance and Trajectory

a. Vernier propellant consumption. A carcful recaleu-
lation of the vernier propellant consumption has been
made. Except for the mid-course correction, where the
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full 28-pound allotment is regarded as a nominal condi-
tion, the dispersions during the terminal descent phase
are statistically combined to obtain a more realistic pic-
ture of the maximum propellant requirement. Table 5
summarizes the results of this calculation. The initial
conditions for the vernier phase are those for which the
sum of the maximum terminal descent propellant require-
ment (nominal 3¢ dispersion), plus the maximum mid-
course requirement, just equals 181 pounds; this amount,
except for ullage, represents the present tank capacity.
The nominal conditions are 375 ft/sec in velocity and
31,000 feet in altitude.

The importance of this type of propellant analysis is
that it determines the upper limit of the starting velocity
and altitude conditions within the capability of the sys-
tem. The lower limit is determined by sensor constraints
discussed in detail later in this section. The difference
between the two velocity limits represents the unbraked
impact speed window capability, which has a direct ef-
fect on the hourly and daily launch window as was
discussed in detail in SPS 37-12.

Table 5. Vernier propellant consumption

Neminel 3¢
Operations| phase um:p'hu, dhp:du.
Mid-course correction (full ollowence) 26 —_
Main retro phose
Pre-main retro ignition 0.4 Negligible
Control during thrusting 30.0 33
Thrust toil-off and separation 7.2 0.9
Vernier phase
Guided descent (minimum
and maximum thrust) 820 9.0
Al for segmental
opproximation of d parabola 3.0 —
Touchdown 2.3 2.6
Total 150.9 10.1

b. Main retro propellant. Several changes in the
ground rules for calculating requirements for main retro
and vernier propellant have been made. The design
spacecraft weight at start of servoed vernier descent is
now lghter, corresponding to full consumption at mid-
course of the 26-pound mid-course correction allowance,
in place of only 17 pounds consumed. In addition, the
propellant consumed during the most severe dispersions
encountered during the powered descent were previously
added algebraically to the nominal propellant required.
In the present caleulations, the propellant consumed be-
cause of these worst dispersions is added to nominal
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propellant in a statistical (rms) manner. Under these
conditions, a servoed descent from a nominal velocity of
875 ft/sec after main retro case separation brings the
total vernier propellant required to the existing useful
tank capacity of 161 pounds. Included in this 161 pounds
is 7.2 pounds for an 8-second main case separation period,
during which the vernier thrust is at maximum in order
to optimize separation dynamics. During this separation
period, the vehicle is slowed 35 ft/sec. The nominal speed
at main retro burnout is thus 410 ft/sec. For this weight
vehicle, and with unbraked impact speed of 8810 ft/sec,
or 2686 meters/sec (a slight change from the value used
formerly), a burnout speed of 410 ft/sec requires 1428
pounds of main retro propellant when the vernier engine
is acting at its mid-thrust level of 200 pounds. This new
figure for main retro propellant weight is 17 pounds
below the former weight (1445 pounds).

With 1428 pounds of main retro propellant, if no ver-
nier propellant is used during mid-course, the resulting
nominal speeds for this heavier vehicle are 550 ft/sec at
main retro burnout and 515 ft/sec after main case sepa-
ration. At this higher speed at start of servoed vernier
descent, the additional 28 pounds of unused mid-course
vernier propellant is more than adequate for the ensuing
successful descent to a soft landing.

2. Limitations on Spacecraft Attitude Control
Imposed by Doppler Radars

a. General. The current spacecraft descent trajectory
design is based on the assumption that the doppler velo-
city and altitude radars cannot be reliably used while the
main retro-engine is burning. Thus the spacecraft attitude
will be held fixed inertially throughout the main retro
burning phase and, due to main retro thrust misalign-
ments, large lateral velocity components may build up
during this time. If the longitudinal velocity at main
retro burnout is small, large angles between the space-
craft roll axis and the velocity vector may result. Imme-
diately after burnout, the doppler velocity radar will then
control the spacecraft attitude and cause the roll axis to
align itself with the velocity vector (by servoing the
lateral velocity components to zero). Thus at acquisition,
larre angles between the spacecraft roll axis and the
velocity vector can result in a near-zero component of
velocity along any one (or even two) of the radar beams
(Fig 2). Under this condition, the bheam will not
operate properly for reasons described later in this sec-
tion. Thus there is a velocity-angle region about the
spacecraft (hereafter referred to as the “blind” zone) in
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which radar performance is compromised. The cxtent of
this zone is indicated in Figure 3.

Since it is desirable to keep operation out of this blind
zone whenever possible, the burnout velocities should be
as large as possible. On the other hand, vernier fuel
considerations tend to require the burnout velocity to
be low. The present spacecraft design does not provide a
sufficient spread between the limits imposed by these two
requirements to provide the necessary launch window.

Several possible solutions are under study. The most
attractive of these is to allow low burnout velocities and
provide logic circuitry in the radar which will minimize
the effects of this restriction. This can be done by switch-
ing in a zero velocity signal for that beam which is near
zero and thus inoperative, and computing the velocity
components on that basis.

b. Radar limitations. Due to the current mechanization
of the doppler velocity and altitude (ranging) radars,
there are several restrictions imposed on the spacecraft
attitude and velocity vector, These are described briefly
below.

Attitude relative to lunar vertical. As shown in Figure
2, the doppler velocity antenna beams are tilted 25 de-

BEAM 1

ANTENNA 2

Figure 2. Spacecraft radar beam geometry
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grees relative to the spacecraft roll axis. Thus to assure
that all three beams hit the lunar surface, the spacecraft
attitude angle relative to the local lunar vertical can at
no time exceed 57 degrees( 82 degrees between the beam
and local vertical ) at an altitude of 50,000 feet (assuming
a smooth, round Moon). Further, to provide the required
signal-to-noise ratio (under the assumption of a Lambert
scattering law for the lunar surface at the radar frequen-
cies), this attitude angle shall be limited to 45 degrees.

Negative longitudinal velocity limitation. The current
doppler extraction circuitry in the radars does not include
equipment necessary for operation when the component
of velocity along the spacecraft roll axis is negative (that
is, in an upward or rising direction). Thus the angle
between the spacecraft roll axis and the velocity vector
has an absolute maximum of 90 degrees. It should be
noted here that the radar design has been maintained
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such that the addition of this negative V, capability is a
relatively easy matter in case it is desired in future sys-
tems,

Angle between spacecraft roll axis and velocity vector.
The component of velocity along any of the radar beams
(V4) is given by

Vi="Vicosy

where V, is the total velocity magnitude and y is the
angle between the velocity vector and the radar beam,
Two considerations restrict operation when this ¢ »mpo-
nent of velocity, V,, approaches zero: the signal-to-noise
ratio decreases due to an increasing noise density from
the crystal mixers at the low frequencies; and the track-
ing bandpass filter cannot be swept close to zero doppler
during the acquisition phase without having a high prob-
ability of locking on to the leakage signal. These two re-
strictions, defining a blind zone for acquisition, are shown
in Figure 3 for the case where the velocity vector, the
spacecraft roll axis, and one of the doppler velocity beams
all lie in the same plane. That is, if the spacecraft falls
in that region at main retro burnout, one of the radar
trackers will not be able to acquire the reflected signal
and thus a measurement of velocity cannot be made. The
position and extent of this blind zone may be observed in
another way in Figure 4. Here the blind zone is shown

deg
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Figure 4. Blind zone as function of c and
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as a function of ¢ (the angle between the velocity vector
and the roll axis) and » (the angle between the projection
of the velocity vector into the spacecraft X — Y plane
and the spacecraft X axis). Two widths of the blind zone
are shown; one for a =-10-degree width and the other
for a = 15-degree width. The solid line indicates those
angles for which the component of velocity along each
of the beams (1, 2, and 3) is exactly zero. From this fig-
ure, it may be seen that if the angle between the space-
craft roll axis and the velocity vector is allowed to exceed
65 degrees, there are large regions in which at least one
of the three radar beams sees zero or near-zero velocity,
several regions (marked A, B, C, and D) in which two
of the beams simultaneously have near-zero velocities
and, if the blind zone is large enough (greater than 12.5
degrees), one region in which the blind zone of all three
beams will coincide. A rough analysis has shown that
the probability of the velocity vector falling into the
blind zone is approximately 0.12 for a +10 degree blind
zone, subject to the following assumptions:

(1) » is uniformly distributed between 0 and 360
degrees.

(2) ¢ is Rayleigh distributed with ¢ =30 degrees
(applies to the 45 degree landing approach case).

( This is grossly oversimplified and is included here only
to indicate that if ¢ is allowed to reach 90 degrees the
problem of blind zones is a real one.)

c. Vehicle design limitations. As a result of a previous
decision not to use the doppler radar outputs to control
the vehicle attitude until after the main retro-engine has
burned out, large angles between thie spacecraft roll axis
and the velocity vector at burnout may exist. This is due
to misalignments between the initial velocity vector and
the thrust axis during burning, discussed in detail in
Reference 2. During the entire retro-engine burning
phase, the vehicle attitude control is in an inertial mode.
Thus any initial misalignment between the thrust axis
and the velocity vector will persist throughout the burn-
ing and will build up a lateral velocity component at
the same time that the longitudinal velocity is being
decreased. For the design tolerances involved, this lat-
eral velocity component may be as much as 150 ft/sec
(3¢). Thus trajectories with longitudinal burnout velo-
cities of this magnitude will result in large angles between
the roll axis and the velocity vector at burnout.

The main retro-engine burnout conditions are influ-
enced (among other factors) by the lunar approach
velocity, the total impulse supplied by the main retro,
the amount of vernier engine propellant allotted for the
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post-retro descent, the landing approach angle, and the
ignition altitude, as well as the angular considerations
described above. In order to provide the required Gold-
stone visibility at landing for all conditions of lunar dec-
lination, Earth-Moon distance, and permissible launch
azimuths, variations in the time of flight and thus in
lunar approach velocity must be provided. This was
discussed in detail in SPS 37-12. To accommodate
these variations in approach velocity while maintaining
a fixed total impulse retro-engine requires a variation in
retro-engine burnout velocity of at least 218 ft/sec, and
preferably 238 ft/sec, assuming the full 90 to 114 degree
launch azimuth capability. (If this launch azimuth capa-
bility is not available, even greater velocity variations are
required.) Other considerations (primarily the vernier
engine propellant limitations) limit the maximum allow-
able nominal burnout velocity to approximately 375
ft/sec. Thus a minimum nominal burnout velocity of
about 375 — 218 = 157 ft/sec (137 ft/sec desired ) would
be required to provide the desired launch windows. This,
in conjunction with the dispersions on the burnout veloc-
ity (x125 ft/sec —3¢), would result in a minimum
burnout velocity of nearly 32 ft/sec, which is much too
low,
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This problem may be considered in another way.
Shown in Figure 5 are the doppler velocity acquisition
limits replotted from Figure 3. Also shown in Figure 5 is
the burnout dispersion ellipse (30) for the minimum
allowed nominal burnout velocity for a vertical approach
(197 ft/sec) that will provide no burnout conditions that
fall in the radar blind region and no angle greater than
45 degrees with the vertical. This condition would pro-
vide a variation in approach speed of only 375 — 197
= 178 ft/sec, which is considerably under the 218 ft/sec
velocity increment required.

The situation is somewhat more complicated for obli-
que landing conditions, and the burnout conditions for
the maximum landing approach angle case (45 degrees)
is being worked on currently. It has already become
evident that for a 45-degree landing condition, angles
between the roll axis and the velocity vector greater than
65 degrees will be required to meet the desired launch
window conditions. In fact, it is highly desirable to oper-
ate with this angle up to its absolute maximum of 90
degrees. Thus burnout conditions extending into the
blind zones are required.

d. Possible solutions. Several solutions to the doppler
radar limitation problem are possible and are considered
briefly in the following paragraphs. The currently most
attractive solution (Item 2 below) is then discussed in
more detail.

(1) Further tests of radio propagation in the highly
ionized gases of a rocket exhaust may show that
performance of the doppler radar will not be seri-
ously degraded by the main retro-rocket exhaust.
In .his case, doppler radar operation could com-
mence before the velocity errors grow large, and
the problem would be climinated. This is the
hoped-for solution for subsequent flights, but it
cannot be counted on for the first flights.

(2) The radars can be modified to eliminate the %' '
zone restriction. This could be accomplished by
providing logic circuitry in the radars such that,
should one or more of the beams have a reliable.
operation signal® present and burnout has oc-
curred, a zero doppler signal is switched in place
of the normal output of the beam (or beams) that
does not have a reliable-operation signal. The V,
and V, outputs are then computed on this basis
and used to control the vehicle attitude. Study has
shown that cven though these measured velocity

*This is a signal that currently exists in cach radar beam cirenitry
and indicates that there is a signal in that velocity tracker band-
width.

68

terms will be in error, the amount of the error is
not so large as to prohibit proper alignment of the
spacecraft attitude if the width of the blind zone
is approximately +10 degrees or less.

(8) Raise the minimum main retro burnout velocity
high enough so that operation in the blind zone
is never required. This can, conceptually at least,
be done in several ways:

(a) Eliminate from the permissible launch win-
dow those days in which the lowest lunar approach
velocities are required.

(b) Permit landings at times when visibility from
Goldstone is not available.

(¢) Increase maximum allowed burnout velocity
(and thus the minimum, as well, for a constant
approach velocity increment) by increasing either
the amount of vernier fuel or the maximum thrust
level of the vernier engines. Both of these ap-
proaches are very costly and time-consuming at
this stage in the development. Also the maximum
operating altitude for the radars would have to be
increased.

(d) Decrease the total velocity increment added
during the main retro burning phase for those
cases in which the lunar approach velocity is low.
This could be done by off-loading main retro
propellant, by reducing the vernier thrust level
during the main retro burning, or by adding bal-
last to the spacecraft.

(e) Some combination of the above.

Of these solutions (1) is most desirable but cannot
be counted on at the present time; (2) appears to be
feasible and is described further in the following section;
(3a) and (3b) are most undesirable from an operations
point of view; (3c¢) requires an increase in weight and
an appreciable schedule delay; and (3d) also appears
feasible especially in conjunction with (2).

e. Study of attitude control in the presence of large
velocity errors. To investigate the effect on spacecraft
attitude correction of selecting zero for the component of
velocity along any radar beam, consider the following
expressions for the velocity components in spacecraft
coordinates (V,, V,, V.) in terms of the components of
velocity along each radar beam (V,, V,, V,)

. V, bt V'
Ve= 2B,
_ V.=V,
Vs =35,
V,— _—V'.?—;"V"
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where B,, B,, and B, are the direction cosines of the
beams. Setting one or more of the components V,, V,,
and V, equal to zero for those velocity directions y (refer
to Figure 2), where the velocity would be in the blind
zone of the corresponding radar beam, and solving the
above expressions for V., V,, and V, gives the compo-
nents of velocity in spacecraft coordinates measured by
the radar when the velocity is in the blind zone of the
corresponding radar beam or beams. The V, and V,
signals go to the flight control system causing the space-
craft to pitch and yaw in such a direction as to bring
them to zero, thus aligning the Z axis of the spacecraft
paralle! to the velocity vector. Because V and/or V, are
not correct under these conditions, the flight control sys-
tem will initially change the attitude of the spacecraft in
the wrong direction. This angular error « in the direction
of the attitude correction is

= hm"—:j—'-r/

where 5 is the tiue maneuver direction.
The angular error « has been plotted as a function of «
the angle from the spacecraft roll axis to the velocity

vector as shown in Figure 2 with 5 as a parameter in Fig-
ures 8, 7, and 8. The curves in Figure 8 were computed
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assuming that V, = 0 for all «. Similarly, the curves in
Figures 7 and 8 were computed assuming V, and V,,
respectively, equal to zero. Since the radar blind zone
is not as large as the range of « on the abscissa of the
graphs, the angular error « will not actually reach the
maximum values represented here. To find the actual
angular error, consider only that portion of the curve,
centered about the point where a equals zero, where
values of ¢ on either side of that point are equal to the
width of the radar blind zone. For values of ¢ outside
these bounds, the angular error is actually zero unless
the velocity is iu the blind zone of another beam, The
curves in Figure 4 indicate most conveniently which
beams are in a near zero velocity condition for all y and
for ¢« from 0 to 90 degrees. For some values of 5 and ¢, it is
possible for the velocity to be in a blind zone of two
beams simultaneously as indicated in Figure 4. For these
cases, the angular error o is computed in the same man-
ner as before, and these results are included in the
boundary curves shown in Figure 9. It can also be seen
from Figure 4 that, for a =+ 15 degree blind zone, the
velocity is in the blind zone of all three beams at y = 315
degrees and « — 78 degrees. Thus V,, V,, and V, would
all be equal to zero and the flight control system would
receive zero signal resulting in no change in the space-
craft attitude. Therefore, a blind zone of + 15 degrees
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width is not tolerable and, in fact, = 12.5 degrees is
the widest blind zone possible if the condition described
above is to be avoided.

The results of these calculations are summarized in
Figure 9, which shows the bounds (within the shaded
area) of the angular error (a) as a function of 4 subject
to the following conditions:

(1) « between 0 and 90 degrees.
(2) Width of blind zone is -+ 10 degrees.

From this curve, it may be seen that the maximum an-
gular error is 35 degrees. It should be noted here that
this angle « is the error in the direction in which the
spacecraft begins to maneuver immediately upon radar
acquisition. Since this error is small, the maneuver will
always be in the proper direction to reduce ¢, thus bring-
ing the spacecraft out of the blind zone.

f. Conclusions. From this study to date, the following
conclusions may be drawn:

(1) A change is required to the present spacecraft
design in order to provide landing visibility at
Goldstone over all the desired launch windows,
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(2) To accomplish this change, there is a region of
required operation (where the angle between the
spacecraft roll axis and the velocity vector are
greater than 65 degrees) in which the doppler
velocity sensor does not perform properly.

(8) The spacecraft attitude control can work through
this region if certain logic changes are made in the
radar and if this blind zone is constrained to
+ 10 degrees in width.

(4

~—

With this change to the radar (and possibly the
reduction of the vernier thrust level during main
retro burning, and for the addition of ballast
where necessary), the total launch window re-
quirements can be met.

3. Design Mission Sequence for List Il Payload

The following design mission sequence (Figs 10
through 17) illustrates an order of experiments which
may be performed within the currently known system,
operational, and DSIF constraints for an August 8, 1963,
launch (last day of the August launch window), with
tounchdown at 5 hours before the end of Goldstone vis-
ibility and 163 hours before the lunar day/night ter-
minator.

An increase in the total energy available to the scien-
tific payload, a decrease in the expected power consump-
tion of some instruments, and the ability to transmit the
X-ray diffractometer data in the low-power transmitter
mode will now essentially ecnable all soil analysis and
noncontinuous geophysical experiments to be completed
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on the first lunar day. However, since the encrgy avail-
able to the scientific payload (5470 watt-hr for a 163-
hour day) and the energy required to perform the
experiments (5500 watt-hr) are presently approximately
equal, further variation in either could necessitate a later
rescheduling of some experiments to the second lunar
day.

a. Mission constraints. This design mission sequence
is based upon the following principal constraints:

(1) The scientific payload will be the List I1 com-
plement of instruments and auxiliaries, which con-
sists of the following:

(a) Surface geophysical experiments.

(b) Subsurface geophysical probe,

(c) Subsurface sampler,

(d) Surface sampler.

(e) Gas chromatograph.

(f) X-ray spectrometer.

(g) X-ray diffractometer.

(h) Radiation detector,

(i) Television.

(j) Tape recorder,

(k) Auxiliaries (mechanism,
wiring),

thermal, battery,

(2) The total energy available to the scientific payload
during the first lunar day will be 5470 watt-hr,
based on a 163-hour period of daylight. The
energy consumed by the scientific payload during
the lunar night will be 4128 watt-hr.

(3) A standard trajectory is selected which represents
the worst case in terms of time from touchdown
to the first day/night terminator:

(a) Launch date: August 6, 1963.

(b) Launch azimuth: 114 degrees.

(¢) Touchdown at 35.5 degrees west longitude.

(d) Time from touchdown to dusk: 6.8 days ( based
on zero degree horizon).

(4) Utilization of the DSIF will conform to the fol-
lowing guidelines:

(a) Injection to 48 hours following lunar night-
fall; 24 hr/day DSIF coverage,

(b) Remainder of first lunar night: daily tracking
missions alternating between Woomera and
Johannesburg stations.

(¢) Just before lunar dawn to 24 hours after sun-
rise: 24 hr/day coverage.

(d) Remainder of second day: Goldstone tracking
missions on second, fourth, sixth, and ecighth

CONFIDENTIAL

days, Woomera and Johannesburg each hav-
ing two tracking missions.

(e¢) Second lunar night: Woomera and Johannes-
burg, each three tracking missions.

(f) Third lunar day: Goldstone two tracking mis-
sions,

(g) Repeat (e) and (f) for remainder of mission.

b. Sequence. The experiments of the first lunar day
are summarized in Figure 10, and experiments for each
of the seven periods of Goldstone visibility after touch-
down are detailed in Figures 11 through 17. With the
exception of the continuous experiments (scientific tem-
perature and the radiation detector) and thermal dif-
fusivity, all experiments in this sequence are shown con-
ducted under Goldstone control, since ample Goldstone
visibility time is available. In addition to the experiments
shown, engincering data will normally be sampled hourly,
and more often during many operations. Experiments
to be conducted during the first lunar night will be the
scientific temperature and .adiation detector, plus the
nighttime portion of the surface thermal diffusivity. Dur-
ing periods where the DSIF is not scheduled for Surveyor
tracking, data from the continuous experiments will be
recorded (to a maximum of 18 hours per recording
period, as limited by the recorder capacity).

D. Flight Control
1. Introduction

The flight control subsystem consists of those elements
of the spacecraft which provide velocity control and
attitude control during the transit phase of the Surveyor
mission. Functionally, the lunar radar and propulsion
elements are part of this subsystem although they are
covered in other sections of this report. Elements of the
flight control subsystem that are treated in this section
include optical sensors, inertial instruments, attitude con-
trols, and flight control electronics.

2, System Design

a. Summary. Two important design changes have been
made in the flight control system during the reporting
period. First, the thrust control system has been con-
verted from an open-loop thrust command channel to
a closed-loop acceleration command servo. This has been
accomplished by extending the use of the accelerometer
in the mid-course velocity control system to the terminal
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phase. Since the maximum acceleration encountered in
the terminal phase is about 0.41 g, it has been necessary
to increase the accelerometer range from 0.25 to 0.5 g.
The principal reason for the design change is to achieve
a more efficient use of vernier engine fuel by operating
the engines nearer their maximum thrust levels during
the vernier descent phase. The large dispersion in thrust
versus command in the open loop configuration, due
mainly to the engines themselves, prevented operation
on an efficient altitude-velocity control law, i.e., near
maximum thrust. The precision accelerometer provides
the means of accurately controlling thrust, independent
of engine dispersions.

The second important modification involves a change
in the thrust phase roll control system. The bang-bang
solenoid actuator originally planned for use in a limit
cycle control system has been replaced by a proportional
positioning servo employing a conventional 400-cps
servo motor. Two factors are involved in this decision.
The inertia and center of gravity offset of the vernier

engine have increased appreciably since the original
design concept was established. Due to the resulting
increase in force level and weight required, the sole-
noid is no longer considered competitive with a more
complex but lighter weight servo. In addition, RMD
( Thiokol) has expressed serious concern over the shock
level experienced by the engine nozzle when the solenoid
actuator hits the stops. The proportional servo, besides
providing a net saving in spacecraft weight, will not
constitute a degrading factor in television coverage, as
was true of the bang-bang solenoid system.

The functional design of the coast and thrust phase
control system has been refined through the use of both
analog and digital computer studies. The coast phase
gas jet attitude control system design has undergone
changes principally with regard to loop gains in order
to obtain optimum vehicle response and also has been
modified to include changes in optical sensor signal char-
acteristics.
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Figure 18. Roll attitude control system
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The thrust phase vernier engine control system design
has been affected by the aforementioned inclusion of the
mid-course accelerometer during terminal descent. Digi-
tal computer studies have indicated the desirability of
going to a four-segment control law trajectory which
results in a fuel saving of approximately 6 pounds.

b. Coast phase attitude control. The coast phase atti-
tude control system remains basically unchanged from
that described in previous reports. Several parameter
values have been altered as a result of updated informa-
tion on the optical sensors, the physical characteristics of
the vehicle, and revised criteria for determining optimum
vehicle-control system performance. A block diagram of
the roll-axis attitude control system is shown in Fig-
ure 18.

The primary objective of the three-degree-of-freedom
analog computer simulation during this period was to
determine an optimum set of loop gain and shaping net-
work characteristics for both the inertial and optical
modes of operation. The three criteria used in evaluating
system performance were (1) system settling time, (2)
impulse required, and (3) the integral squared error.

These measures of system performance in the inertial
made are shown in Figures 19, 20, and 21 for all three
axes. The optimum values of K, = 6 an ! 1, = 3.2 seconds
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Figure 19. Optimum roll contrel in inertial mode
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were arrived at by a comparison of system responses
using the foregoing three criteria. The gain K,K; was
adjusted to prevent the angular error from exceeding its
maximum allowable value of 0.2 degree for the yaw
channel, 0.138 degree for the pitch channel, and 0.121
degree for the roll channel.

The settling time and impulse required for the pitch
and yaw optical channels are shown in Figures 22 and
23. The optimum rate loop gain (K,/K,) was determined
based on initial conditions of a yaw angle of 9 degrees
and a yaw rate of 0.5 deg/sec with a pitch axis rate of
zero. The mechanics of Sun acquisition make such initial
conditions highly probable, since the approach of the
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Figure 21. Optimum yaw control in inertial mode
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Sun line to the primary Sun sensor field of view will
generally be in the pitch-roll plane, requiring a yaw
maneuver. Constraints which operate in the attitude con-
trol system at this time include (1) the signal charac-
teristics of the primary Sun sensor as shown in Figure
24 where the gain K, was chosen so that the maximum
allowable error would canse the gas jets to fire, and (2)
the gyro gain K,K, which was chosen so that separation-
induced rates will not cause gyro saturation.

The settling time and impulse required for the roll
optical channel are shown in Figure 25. The optimum
roll rate loop gain (K./K:.) was determined using an
initial roll angle of 4 degrees and a roll axis rate of 0.5
deg/sec. The signal characteristics of the Canopus sensor
are shown in Figure 26,

The rate loop gain (K,/K;) for optimum optical mode
performance, the rate loop gain (K;K;) for minimum
error angles about each axis during incrtial mode of
operation, and the closed-loop gyro gain (K,K.) cannot
be realized simultaneously with the control system con-
figuration represented in Figure 18. Various means of
achieving all of these optimum parameters are under
study. Two approaches appear promising. The first con-
sists in adding a switch to change gains when going from
the inertial to the optical mode of operation. The second

approach is one of compromise in that optinm ., alues
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of K,/K, and K;K, can be realized at the expense of a
larger value of K,K;. In effect this would decrease the
limit cycle deadband in the inertial mode by a factor of
three, but would result in increased fuel consumption.

c. Vernier retro descent phase. The efficiency of the
vernier retro mancuver is strongly dependent on the
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average thrust level of the vernier engines during the
maximum thrust phase. For each pound of thrust below
the maximum available 312 pounds, a penalty of about
0.3 pound of vernier fuel is incurred. The open-loop
thrust command system originally planned suffers in
efficiency because of the large uncertainty in thrust versus
command. This is due primarily to the dispersion of the
vernier engines (approximately 107 ). To avoid a pitch-
yaw limit cycle oscillation and to ensure a safe margin
for soft landing, the range-velocity profile would Lave to
be set for a thrust level about 60 pounds below the
maximum of 312 pounds.

In order to obtain greater fuel efficiency, the thrust
channel has been modified to an acceleration command
servo. This can readily be accomplished by using the
precision accelerometer in the inertial reference unit
(IRU) as the feedback sensor. The range of the instru-
ment must be increased to 0.5 g, because of the higher
acceleration involved in the vernier phase. The new
design provides the means of accurately controlling the
thrust-to-mass ratio. Since the spacecraft mass will be
known to within a few percent, at the start of the maxi-
mum thrust phase, a considerable improvement in thrust
control can be realized. The new configuration is shown
in Figure 27,

The variation in spacecraft mass during the maximum
thrust phase is accurately known. It is possible therefore
to vary the acceleration command limiter in a way to
compensate for the mass variation and thus maintain a
constant maximum thrust level. Because of the simplicity

of mechanization, however, it is planned to use a two-
level limiter. By resetting the limiter when half the mass
variation has occurred, only a small fuel penalty is in-
volved. The total variation in mass during the maximum
thrust phase will be about 10%. The two-level limiter
will provide an average thrust 2.5% less than the peak.
The improvement in a three-level limiter is not considered
to justify the additional complexity. Even if a continu-
ously variable limiter were used, the range-velocity pro-
file could not be set to correspond to 312 pounds thrust
level. Allowance must be made for several factors, the
more important being

(1) Altimeter and doppler radar errors.

(2) Uncertainty in mass at the start of the maximum
thrust phase.

(3) Residual for linear moment control range.
These factors total about 7.5 (3,). The average thrust
level will therefore be about 109% below the maximum
engine capability of 312 pounds. In comparison to the
original open-loop design, an improvement of about 29
pounds in average thrust level can be realized. This is
cquivalent to a saving of about 8.7 pounds of verier fuel.

A digital computer study recently completed indicates
that a saving of about 8 pounds of vernier fuel can be
realized by using a four-segment approximation to the
reference parabola rather than the three-segment ap-
proximation originally planned. Provisions have there-
fore been mnade in the electronic circuits to add the
fourth segment.
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Figure 27. Velocity control system with acceleration servo
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The gain in the pitch and yaw attitude control loop
has been increased by a factor of two in order to limit
the steady-state attitude error to 0.1 degree in the
presence of the expected 3, main engine misalignment
moment of 1100 inch-pounds.

3. Subsystem Tests

a. Single-axis air bearing table. Single-axis table tests
are currently scheduled to start about February 15, 1962.
Completion of the test facility is awaiting the receipt and
installation of various pieces of associated hardware,
including telemetering equipment, recorders, test con-
soles, and portions of the flight control subsystem, When
completely assembled, the table inertia will be measured
with the table forming a part of a torsional pendulum.
The single-axis table will be required to provide the
major portion of the design verification of the gas jet
coast-phase attitude control system, because plans to run
tests on the three-axis air bearing table at the JPL facility
have been cancelled.

b. Flight acceptance test program. A preliminary sub-
system flight acceptance test specification has been writ-
ten for the flight control subsystem. The complete sub-
system flight acceptance test will consist of a pre-environ-
mental functional check, the environmental test, and a
post-environmental functional check, which will be a
duplication of the pre-environmental functional check for
the most part. The single-axis air bearing table will be
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Figure 28. T-2 reference trajectory
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used to make the closed-loop functional check of the gas
jet attitude control system with simulated Sun and star
sources. A test facility with a single-axis dividing head
and simulated Sun and star sources will be used to
measure the alignment of the flight control sensors rela-
tive to the flight control sensor group mounting surface.
The same facility will be used to determine the scale
factor and null fixed drift of each integrating gyro as
part of the entire sensor group. A rate table will be used
to measure the alignment error of each gyro in the inertial
reference unit relative to the flight control sensor group
mounting surface.

¢. T-2 test program. Additional T-2 trajectory analysis
has been completed using a one-degree-of-freedom digi-
tal computer simulation. The program considered only
the vertical force relationships and included variable
mass due to fuel consumption. The thrust control loops
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Figure 29. T-2 trajectories from various initial altitudes
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were simulated except for the vernier engine and valve
lag times. The purpose of the analysis was to determine
(1) the initial drop altitude which provides adequate
capture of the commanded trajectory, (2) the effect of
thrust control system gain on system performance, and
(3) a suitable reference parabola and associated straight-
line segments.

In order to facilitate comparison of trajectory perform-
ance, the reference trajectory shown in Figure 28 was
chosen, based on an arbitrary set of reference param-
eters. Trajectories were obtained for initial altitudes of
1000, 500, 400, 300, 200, and 150 feet as shown in Figure
29. Only the first portion of these trajectories is shown,
since the remaining portion is similar to the reference
trajectory. For all cases, it is apparent that initial altitude
has little effect on vehicle performance. If the present
20 pounds of fuel carried by the T-2 vehicle is completely
used, the maximum drop altitude is limited to about 460
feet. However, this does not take into consideration the
fuel required for moment control.

The thrust system gain was varied from 16.2 to 81.0
Ib/ft/sec with consequent vehicle trajectory perform-
ance as shown in Figure 30. These values of thrust system
gain correspond to spacecraft values of 50 and 250
Ib/ft/sec. As expected, the higher gain produced a
tighter control response. The higher gain descent re-
quired approximately 3 pounds more fuel than the low
gain descent.
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All of the preceding trajectories were based on line
segments fitted to a 1.79 ft/sec’ acceleration parabola.
Vehicle trajectory responses were determined for both
a 0.870 ft/sec* acceleration parabola (Fig 31) and a
3.785 ft/sec* parabola (Fig 32) for various values
of weight-to-thrust ratio. The results are based on the
parameters listed on the next page.
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Minimum programmed thrust, T,,, : 60 b
Thrust system gain, K, . . 81 Ib/ft/sec
Vernier propellant specific impulse, /,, 198 Ib-sec/lb
Drag coeficient — area product, CdS IS TN
Air density .. ... 0.0025 slug/ft*

The vehicle performance on the low acceleration parab-
ola compares favorably with the reference trajectory,
while the vehicle performance relative to the high accel-
eration trajectory varied depending on the weight-to-
thrust ratio. Satisfactory performance is obtained when
the weight-to-thrust ratio corresponds to the constant
acceleration from which the line segments are derived;
that is, 170/190 and 180/200 for a = 3.785 ft/sec*. The
intermediate weights (180/190 and 190/200) produced
marginal performance in that these trajectories had more
error along the last line segment and barely stabilized at
the commanded 5 ft/sec. The highest weights (185/190
and 195/200) trajectories are unsatisfactory because they
appear to be diverging from the last line segment and
are unable to stabilize at the constant velocity since they
reached the 13-foot engine cut-off altitude before they
attained a velocity of 10 ft/sec.

Final selection of the initial drop altitude, thrust sys-
tem gain, and control law trajectory for T-2 tests is await-
ing more extensive analysis, which will include moment
control and better defined spacecraft trajectory perform-
ance and parameters.

4. Sensor Group Assembly

The flight control sensor group has undergone re-
arrangement as illustrated in Figure 33. The support,
previously a space truss, is now conceptually a platform
with three mounting lugs so spaced around its perimeter
as to intersect the center of gravity of the sensor group.
The support is made from aluminum and will be a brazed
assembly consisting of an outer frame with stiffening
elements and unit mounting bosses placed as required.
A substantial weight saving in the support is realized
with this simplified design. Increase in volumetric pack-
aging efficiency allows the sensor group to be located
closer to the roll axis of the spacecraft. Use of shorter
mounting brackets on the vehicle will represent some
weight saving, as well as providing a more rigid coupling
to the sensor group.

In the new design, the inertial reference unit (IRU)
has been moved from a position beside the electronics
package to a position above it, causing a relocation of
the IRU radiating surface. The flight control clectronics
unit is more rigidly attached to the sensor group support
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in the new design and allows some simplification in the
internal arrangement. The problem of stray light reflect-
ing into the Canopus sensor has not changed appreci-
ably with the new sensor group configuration. It is at
present geometrically possible to pick up a multiple
bounce light reflection from the extended vehicle land-
ing legs. The light shield on the Canopus sensor may
have to be altered to eliminate this possibility. The Moon
detector has been eliminated from the assembly. Verifi-
cation of the position of the star Canopus will be
achieved by means of a star map constructed from telem-
etered star intensity signals.

Engineering effort has stopped on the original truss-
type support, and will now be directed toward prepara-
tion of a test model of the new configuration.

5. Optical Sensors

a. Canopus sensor. Figure 34 shows a mechanical
breadboard of the sensor which is similar in appearance
to the first engineering model. During this report period,
a working breadboard model of the Canopus sensor was
completed and satisfactorily demonstrated. Temperature
compensation has been added to the developmental cir-
cuits and a preamplifier included to provide additional
gain for the photomultiplier tube.

As a result of initial lateral vibration tests on the
mechanical breadboard model, the base of the sensor has
heen altered to attach more rigidly to the sensor gioup
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assembly, The more rigid attachment alters a previons
concept of thermal isolation and a thermal analvsis of
the combined sensor group and Canopus sensor is now
being performed.

Although the first Sun-star simulator has been com-
pleted, additional circuitey is being added for calibration
purposes to compensate for the high amplitude of star
scintillation encountered during the breadboard model
ficld tests.

Qualification test procedures have been written for
the component parts of the sensor and gualification test-
ing of critical items (phototube, motor and gear train,
magnetic pickup, ete.) is continuing,

A decision was made to delete the Moon detector as an
anxiliary indicator of Canopus position. Verification of
Canopus position will he obtained by construction of a

Figure 34. Mechanical breadboard of Canopus sensor
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strip star map by means of telemetered data from a sepa-
r te star intensity channel in the Canopus sensor.
b. Sun sensors. The developmental model of the pri-

mary Sun sensor (Fig 35 has been completed and
preliminary tests have bheen run at the Sun sensor test

Figure 35. Primary Sun sensor

Figure 36. Sun sensor test facility
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facility (Fig 38) at Hughes Aircraft Company in
Culver City. The facility consists of an equatorial mount
to track the Sun and a precision Kern, 1-second, theodo-
lite attached to the mount to accurately position the
sensor with respect to the Sun. The sensors are mounted
on a special adapter plate attached to the theodolite. A
4-foot long fiberglass tube and light-tight enclosure are
used to keep stray skylight from affecting measurements.

The intensity level on days when tests have been per-
formed (in November) has ranged from 73 mw/cm? to
96 mw/cm® as measured with a silicon solar cell cali-
brated with an Eppley pyrheliometer. These levels are
sufficient for most testing and are obtainable at Culver
City because of the use of direct solar viewing instead
of a mirror system. The facility will have provisions for
battery operation, and measurements at a high-altitude
location can be made if necessary. It is planned to cor-
relate calibration of a Sun sensor with measurements
made at the JPL test facility.

Tests on Clairex photoconductive cells are being con-
tinued with no serious problem areas yet uncovered.
Illuminated cell resistance versus temperature, ultra-
violet exposure, high-temperature soaks, and power dis-
sipation tests have been performed.

The behavior of the illuminated cell resistance with
temperature indicates that cells for the primary sensor
will have to be roughly matched with regard to the slope
of the temperature-versus-resistance characteristic. The
effect of temperature on the cadmium sulfide cells at
high levels of illumination is small, but matching is de-
sirable for maximum null stability.

Cells were exposed to ultraviolet energy in the band
from 2200 to 3150 A for a period roughly equivalent to
1000 hours in space with no measurable degradation. The
tests indicate that ultraviolet damage will not be a prob-
lem for either "he secondary or primary Sun sensor. Ex-
posure of cells to sterilization temperatures of 125° C for
24 bours also had no measurable effect on their behavior.

Short-term power dissipation tests at elevated tem-
peratures have been conducted and indicate that oper-
ation at expected power dissipation levels presents no
problem. Long-term tests are in progress to further check
this point.

6. Inertial Reference Unit

a. Instruments. The final sclection of a gyro which
fully satisfies Surveyor flight control subsystem require-
ments was completed on November 3, 1961, with the
release of a purchase order to the Kearfott Company for
26 gyros. Latest information from Kearfott indicates that

parts for all 26 units are in work and on schedule. De-
livery of the first unit is expected on January 30, 1962.

Additional phases of gyro procurement which are un-
der continuing study are as follows:

(1) The establishment of a gyro environmental test-
ing program compatible with Surveyor spacecraft
requirements will be negotiated with Kearfott
under an amendment to the contract.

(2) The establishment of incoming test procedures
for gyro performance will be mutually agreed
upon by Hughes Aircraft Company and Kearfott
in order to achieve compatibility of testing tech-
niques and to provide test data which can be
properly correlated.

The accelerometer evaluation program is nearing com-
pletion. Two evaluation units, one from Donner and one
from Palomar, were purchased to (1) determine the
adequacy of this class of instrument for the Surveyor
mission, and (2) assess the relative performance charac-
teristics of units from two possible vendors. Both units
have demonstrated the potential capability of meeting
the accuracy and repeatability requirements, though re-
sults are still somewhat inconclusive hecause of minor
functional difficulties encountered. Sticking around zero
¢ was observed in the Palomar unit and after limited
tests it was returned to the vendor for rework. The Don-
ner unit exhibited an intermittent behavior at the normal
operating temperature of 180° F, which is believed to
be due to a faulty electrical component. Performance at
room temperature was generally satisfactory. Additional
tests are being performed on the Donner unit to deter-
mine its repeatability after environmental exposures.
Similar tests on the reworked Palomar unit are planned.

b. Unit design. In mid-November all design and test
efforts were stopped on the original T-mounting struc-
ture, and redesign was immediately started to conform
to a space envelope compatible with the reconfigured
flight control sensor group structure. The general reasons
underlying this change were given above under 4, sensor
group assembly.

A portion of the analysis and design effort previously
expended is directly applicable to the new design and
was utilized in the establishment of the preliminary con-
figuration shown in Figure 37. A general change to
the original temperature control concept was necessitated
by the reduced space view factor due to the new IRU
mounting orientation. The temperature of each gyro will
be maintained by individual controllers rather than the
common controller of the original design. Excess heat
will be conducted to a common space radiator, which
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Figure 37. Inertial reference unit

will be oriented facing the Sun during transit phase to
make maximum utilization of solar energy, thereby mini-
mizing the average heater power which must be applied
to maintain gyro operating temperature.

Preliminary analysis is in process to determine the
control power and radiator temperature during the mid-
course maneuver when solar energy to the radiation
panel will vary. A parametric study has been run on the
IBM 7080 computer to determine mid-course control
power and radiator temperature for variations in the ratio:

aF,

lF.

where F, is the view factor of the Sun and F, is the view
factor of space; a and ¢ are absorptance and emittance
of the radiator panel. The results indicated that in order
not to exceed a peak heater power of 30 watts, the
a F,/¢ F, ratio should not exceed 0.4.

The analysis of the transient thermal response of the
gyro temperature when the heat source is the gyro heat-
ers rather than solar energy is in process.

7. Attitude Control

a. Gas jet subsystem. Evaluation of gas tank vendor
proposals indicated that the weight requirement of 7.2
pounds would be exceeded by approximately 0.7 pound
with tanks made of 6AL-4V titanium alloy. Menasco
Manufacturing  Company proposed using 7AL-4Mo
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which would meet the weight requirements, and was
therefore selected as the vendor.

After release of the procurement specification for the
squib-operated valves, a design change was made. The
requirements of one normally closed valve for gas release
and one normally open valve for gas shutoff were
changed to two normally closed valves. This will permit
the release of residual tank pressure during vernier de-
scent rather than storage, to minimize the possibility of
gas tank rupture. Four vendors submitted proposals on
the original concept, of which two, Conax and Thiokol,
were considered acceptable. A revised procurement
specification, statement of work, and drawings will be
resubmitted to these two vendors for proposals.

The pressure transducer has been changed from a
Bourns Model 304 to a Model 737 with modifications in
mounting and electrical connections to obtain a hermeti-
cally sealed unit and also obtain increased overpressure
capability.

Two jet valve pairs have been assembled and are now
being subjected to environmental operation tests. Figure
38 is a photograph of the preliminary design. Other
parts are in process which will reflect a close coupled
AN-type pressure connection to satisfy the Surveyor gas
plumbing requirements.

An engineering model of the pressure control, com-
prising the pressure regulator, pressure relief, and sole-
noid shut-off valve, is shown in Figure 39. Tests are

Figure 38. Gas jet valves
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Figure 39. Pressure control fer gas jet system

now in progress. Additional units are being fabricated
which reflect minor design and fabrication changes.

b. Roll actuator. The vernier roll actuator provides roll
moment control during mid-course and terminal ma-
neuver phases by positioning the No. 1 vernier engine
thrust axis. The actuator design previously under devel-
opment was a double-acting electromagnet which pivoted
the trunnion-mounted vemier engine through a lever
arm linkage. The design concept for the roll actuator has
been altered considerably in the present reporting period.
The new design is a proportional positioning system
using a conventional servo-motor and gear reduction unit
and inductive pickoff sealed in a single housing.

The primary reason for the design change was the
increase in the vernier engine weight, inertia, and loca-
tion of center of gravity as seen from the pivot axis. In
order to continue to meet performance requirements, the
output force of the two-position solenoid would have had
to increase to 7.5 pounds. The increase in output force
caused a significant increase in solenoid design weight
duc to the increase in plunger size to carry additional flux.

In addition, concern over the effects of the bang-bang
solenoid characteristics on the vernier engine nozzle
structure had been expressed by RMD. An effort was
under way to develop “soft” stops to limit engine motion.
Unfortunately, the design requirements were somewhat
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conflicting since a soft stop implies delayed motion which
tends to violate an initial requirement for rapid engine
positioning. A bang-bang solenoid design which would
meet the system requirements would result in an increase
in spacecraft weight of 2 to 3 pounds. As a result, a thor-
ough study was made of alternate techniques and the
proportional system using an ac motor-gear and pickoff
was selected.

Th-: proportional system chosen will allow a decrease
in power requirements and a slight decrease in spacecraft
weight. Preliminary requirements for the actuator are:

Weight <121b
Power . . < 8 watts, 400 cps
No-load speed . 0.13 rad/sec
Stall torque 52 in.-lb

The new design of the roll actuator will be subcon-
tracted. A detailed procurement specification and state-
ment of work are presently being prepared.

8. Control Circvitry

a. Summary. Detailed evaluation and optimization of
the control circuitry is continuing by means of bread-
board testing. Circuit parameters are being adjusted
where necessary to compensate for the varying ambient
temperatures and power supply voltages.

The thrust control circuitry has changed as a result of
using the mid-course accelerometer to provide acceler-
ation feedback signals during the vernier descent mode.
The revised thrust control circuitry is shown in Figure
40. The mid-course command signal is applied only dur-
ing mid-course thrust control, providing, after summation
with the accelerometer feedback signal, a thrust com-
mand proportional to the acceleration error. The acceler-
ation loop during mid-course has not changed basically.
However, use of the accelerometer during vernier des-
cent has nccessitated increasing its output range as well
as decreasing its scale factor. During vernier descent the
summation of the descent acceleration command and the
accelerometer signal provides a thrust command to the
vernier mixing network. The descent acceleration com-
mand is the amplified difference between the thrust axis
velocity measured by the doppler radar and the altimeter
signal that has been shaped by the nonlinear circuitry.
The descent acceleration command is limited prior to
summation with the accelerometer signal to prevent sat-
uration of the vernier engines, in accordance with Figure
41. A low (but not minimum) thrust command results
whenever the descent aceeleration command is less than
or equal to 0.11 g Commands rising above this lower
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limit will produce proportional increases in thrust until
the maximum thrust command of 0.42 g results. At a
certain point along the trajectory (approximately 2500
feet range), the limit imposed on the descent accelera-
tion command is increased by approximately 6% to
compensate for the decreasing spacecraft mass. The
switches shown in Figure 40 are functional representa-
tions of standard flight control solid-state switches.

JPL SPACE PROGRAMS SUMMARY NO. 37-13

The roll actuator servoamplifier design has changed
as a result of the decision to use a proportional actuator.
Figure 42 is a block diagram of the proportional ioll
actuator and associated circuitry. The actuator consists
of a two-phase servo motor which with associated gear-
ing and position pickoff is mounted such that vernier
engine No. 1. may be swiveled through a small angle. As
before, the roll attitude error is obtained from the gyro
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and is amplified and frequency-shaped. This signal,
which is a position command, is summed with the posi-
tion feedback, to create a motor drive proportional to the
position error. Upon separation of the retro-rocket case
from the craft, a gain change is made in the attitude
loop to compensate for the decreased moment of inertia
that results. A Class B power amplifier is used to drive
the servo motor, and is composed of the same type of
power transistors that were used in the previous bistable
version. The demand of the Class B amplifier from the
power supply is now proportional to the position error.

In the solenoid design there was a constant drain on the
power supply. At maximum output the proportional cir-
cuit demand is smaller than that of the previous bistable
version.

E. Electronics
1. Introduction

This section covers the various systems involved in
telecommunications (including the demodulator circuits
for the deep space station), the television system, and
the radar systems. The spacecraft power management
and the flight control electronics are discussed in Sections
F and D, respectively.

2. Planar Array (High-Gain) Antenna

The planar array antenna concentrates the energy of
the television transmitter in the direction of the Earth.
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Figure 42. Proportional roll actuator
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This high-gain antenna is a slotted waveguide plauar
array. Circular polarization is accomplished by u.liz-
ing crossed slots and simple slots in a manner that pro-
duces two orthogonal linearly polarized planar arrays
in a given aperture. These two interlaced arrays are fed
in time quadrature. Higher-order beams characteristic
of large slot spacings are eliminated through the use of
waveguide with wave-slowing corrugations which in
turn allows reduced slot spacings.

Extensive coupling coefficient measurements were
made on both the crossed slots and singular slots. These
slots are generally nonresonant since the coupling value
is controlled by the slot length. Figure 43 shows curves
of coupling coefficient versus slot length for both types
of slots. Tests show that the phase shifts associated with
these nonresonant slots were much larger in the corru-
gated guide than in standard guide. Therefore, phase
measurements have been made on both the radiated
wave and the driving wave. These data were used to
determine the adjustments in the slot spacing which
effect the desired phase corrections.

A linear array test fixture has been built to accom-
modate removable aperture plates. The planar array
slot configuration requires two slightly different slot
patterns in its component linear arrays. Hence linear
array aperture plates are made in sets of two. Two such
sets have been made. The first set did not have its slot
spacings compensated for induced phase shifts. The sec-
ond set did incorporate corrections for such errors based
on phase shift data mentioned above and a study of
patterns taken on the first set of aperture plates. A
second set of plates, designated 1b and 2b, gave fairly
good results. Voltage standing wave ratios (VSWR)
as a function of frequency are shown in Figure 44.
The measured power into the load was almost exactly
as calculated, indicating that the slot coupling data
are good. Typical patterns are shown in Figures 45
and 46. They were taken on a 38.5-inch square ground
plane to simulate the planar array. The polarization
ellipse has its major axis aligned with the longitudinal
axis of the array. Hence the magnitudes of the two
orthogonal components shown on the patterns give an
accurate indication of the axial ratio (approx 18
db). The beam tilts are about 1% degree larger
than expected but this is easily corrected. Measured
gains, with respect to the gain of a circularly polarized
isotopic source, are 17.3 and 17.0 db, respectively,
for arrays 1b and 2b. The large lobes noticeable in the
region near § = — 90 degrees for E, polarizations are
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the second-order beams expected in the linear array
patterns. The combining of the linear arrays into a planar
array will suppress these beams.
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Figure 43. Coupling coefficient vs slot length

14 ]
=4
-
«
«
- ARRAY:
5 i
" |
2 ‘
o 12 b~ — 4 —— -+
z
«
-
w 2b !
w
o
<
-
J
<]
>

10 I

21 22 23 24 2.8 2.6

FREQUENCY, kmc

Figure 44. Voltage standing wave ratios of
Linear Arrays 1b and 2b

93



CONFIDENTIAL

JPL SPACE PROGRAMS SUMMARY NO. 37-13

10 T
FREQUENCY * 2.295 kmc
POLARIZATION  GAIN (WITH RESPECT TO LINEARLY
o POLARIZED 1SOTROPIC RADIATOR)
—c, 8.2
~--t, 15.4
20
H
«
:
>
<
: AWA
W
z
o %0 W
"'\
A A |
n |
40 Ly ‘J LL. s
-90 -60
Figure 45. Antenna patterns of Linear Array 1b
10 \ 1
\ FREQUENCY « 2 295 kme
POLARIZATION  GAIN (WITH RESPECT TO LINEARLY \
a POLARIZED 1SOTROPIC RADIATOR) ‘
—_—, 147
———t 13.2 !
¢ |
|
o OF—- B £y N
v [} |
& / |
£ |
Ay
>
3 ‘ T
w [f\ | \
g . A i N
) I; )
: \ h ! \ r
I h i | W \ \ \
! \ ! l 1) )\
,' Vol
) | ) I: '
'
” Mo Lo
-90 -60 -30 0 30
9, deg

94

Figure 46. Antenna patte: .. ut Linear Array 2b

CONFIDENTIAL



CONFIDENTIAL

JPL. SPACE PROGRAMS SUMMARY NO. 37-13

Evidence of some phase error is still present in these
patterns and the side lobes are higher than desired;
therefore, an improved set of linear array aperture plates
will be made before a full planar array aperture plate
is designed.

A set of test fixtures for developing the full-size transi-
tion from the coaxial line connector to the feed guide
were received, and measurements are now under way
using a loop probe as a coupler. Preliminary data appear
very promising and a VSWR of 1.2 has been obtained.
This data is now being verified by newly designed loop
probes. In addition, another fixture for taking feed line
slot conductance measurements under conditions simu-
lating the final configuration was received. Measurements
on this fixture have also been started.

Fabrication of a breadboard planar array with a re-
movable aperture plate has begun. The feed line for this
model will be electrically identical to the feed to be
used on flight units. Two mechanical prototypes are
being built to prove out fabrication techniques. Delays
in developing necessary tooling have held up production
of a model welded by an ultrasonic welding technique.
Several 8-inch square sections have been produced using
this method. These sections appear functionally sound
and the full-size model should be finished soon. The
other mechanical prototype is being built as a backup
to the ultrasonic welded model. This one uses an ad-
vanced resistance welding technique and is 75% com-
plete. The results so far look as promising as the ultra-
sonic weld method.

3. Omnidirectional Anfennas

The omnidirectional antenna system is used to pick
up command signals from the Deep Space Instrumenta-
tion Facility (DSIF) and transmit telemetering data
back to Earth. The omnidirectional antennas form part
of the phase-locked loop between the spacecraft and the
DSIF station which continuously measures doppler shift
to determine spacecraft velocity. The antenna system
consists of two turnstile antennas each of which is backed
by a conical reflecting surface. The turnstile elements are
oriented parallel to the ground plane (Fig 47).

The two turnstile antenna axes are to be oriented with
respect to each other and to the spacecraft as indicated
in Figure 48. It is believed that this orientation will give
the best spherical coverage and still provide adequate
operating characteristics in case a failure occurs result-
ing in a tumbling of the spacecraft about some axis.
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A set of patterns was taken using two quarter-scale
antennas and a quarter-scale model of the spacecraft
oriented as shown in Figure 49 which also indicates the
experimental setup used to make the patterns. The an-
tennas were only approximately oriented to the optimum
position indicated by Figure 48. This was due to the
inadequate coverage of the particular turnstile antennas
used for making these coverage patterns. A study is
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Figure 47. Omnidirectional antenna outline
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presently being directed toward increasing the angular
coverage of the individual antennas.

Some of the patterns taken are shown in Figure 50.
It should be noted that these patterns, taken with two
turnstile antennas, provide 360-degree coverage (one an-
tenna covers the null of the other) as opposed to the
single antenna patterns of the last report.

The full-scale turnstile antenna is undergoing circuit
development to obtain the proper phase relationships
between radiating elements and to obtain the best im-
pedance match over the band of operating frequencies
being used. An alternate antenna design is under con-
sidcration in an effort to obtain the best pattern cover-
age as well as the mechanical advantages of light weight
and structural rigidity. This antenna consists of a circular
cavity radiating circular polarization at the apex of a
cone. Figure 51 indicates the approximate configuration
being considered.

Arrangements are being made to modify the antenna
range to provide the facilities necessary to take antenna
patterns using the full-scale antenna system with the
full-scale model of the Surveyor spacecraft.

4. Commond Display Console Demodulator

a. General. The command display console (CDC)
demodulator serves as a frequency modulation and phase
modulation detector for signals coming from the DSIF
receiver. The CDC demodulator has four modes of
operation which are described below.

/\0

ANTENNA ¢

ANTENNA !
-

29 db ELLIPTICAL
POLARIZATION

Figure 49. Test orientation of quarter-scale antennas

(1) Wide band: In the wide band mode of operation
the demodulator detects the wide band television and
telemetering data within a 3.3-mc intermediate fre-
quency (IF) bandwidth.

(2) Narrow band: The narrow band mode of opera-
tion detects telemetering information within a 30-
ke IF bandwidth.

(3) Emergency mode: The emergency mode of opera-
tion detects television information within a 4.4-kc IF
bandwidth.

(4) Phase lock mode: The phase lock mode detects
wide band phase modulation signal within a 3.3-
mc IF bandwidth.

All detected signals are supplied to the CDC where
they are processed.

As a result of the CDC demodulator circuit design
review, certain modifications and additions to the pres-
ent circuit are necessary or desirable:

(1) Wide band video filter.
(2) Emergency mode video filter.

(3) 2.4-mmegacycle IF channel to utilize existing nar-
row band IF signal from the DSIF receiver.

The wide band and emergency mode filters are re-
quired to realize the full signal-to-noise improvement
gained by using wide band frequency modulation. The
24-mc IF channel was added to the demodulator
for operation in the narrow band and emergency modes.
The new channel takes advantage of a narrow band
output signal from the DSIF receiver. The availability
of this signal was just recently made known. The new
IF channel reduces the complexity of the demodulator
by replacing the third and fourth IF amplifiers formerly
used for these modes of operation. The second and third
conversion oscillators thus are also eliminated. The modi.
fication was desirable not only to simplify the demodu-
lator, but to reduce the possibility of interfering signals
being generated in the demodulator which would affect
normal DSIF receiver operation. Especially serious was
the existence of several conversion oscillators which
could mix together and produce unpredicted signals.

b. Function description. A revised block diagram of
the CDC demodulator is shown in Figure 52. The opera-
tion of the wide band discriminator and phase detector
loop are the same as described previously (SPS 37-12),
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with the exception that a low pass filter has been added
to the wide band frequency discriminator output.

A 24-mc IF signal is supplied from the DSIF
receiver to the input of the 2.4-mc amplifier.
Provisions are also made in the DSIF receiver whereby
a 10-, 20-, or 30-kc noise bandwidth for the 2.4-

JPL. SPACE PROGRAMS SUMMARY NO. 37-13

mc signal can be selected. The input signal is
amplified and applied to a switch. In the narrow band
position of the switch, the signal passes through a re-
sistive pad which matches the crystal filter insertion loss.
In the emergency position of the switch, the signal
passes through a crystal filter with a 4.4-kc band-
width. The amplified 2.4-mc signal is supplied

0 = angle between spacecraft rell axis and line of sight to transmitter, deg
Frequency = 9180 mc

6260009 .30

270

240° “120

210° 150

Figure 50. Antenna patterns with two turnstiles
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Figure 51. Cone-cavity antenna (design alternate)

to the limiter and the AGC detector. The AGC detector
output signal is filtered and fed back to the 2.4-
mc amplifier such that the input signal to the
limiter is maintained constant for a 20-db variation
of the input signal. The limiter removes amplitude modu-
lation to which the AGC loop can not respond. The
limiter output is fed to the narrow band frequency dis-
criminator where the emergency television or telemeter-
ing subcarrier signals are detected. The telemetering
subcarrier signals are applied to the summing network
and they appear at the wide-band video output. The
emergency television passes through a low pass filter
and a video amplifier to the emergency television output
terminal. The narrow band frequency discriminator dc
output voltage js filtered and supplied for monitoring
the frequency drift of the DSIF receiver. Tuning cor-
rections to the receiver may be manually applied as
necessary.

5. Signal Processing

The signal processing system in the Surveyor space-
craft processes the variety of signals from the scientific
instruments and the many channels of engineering infor-
mation into a form suitable for modulating the trans-
mitter. The system consists of three major blocks: (1)
the central signal processor, (2) the engineering signal
processor, and (3) the scientific signal processor., One
of the main objectives in the system design was to
achieve as much independence between individual ex-
periments and the processing of engineering information
as is reasonable. This independence increases reliability
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and also allows changes to be incorporated into the
system more readily.

a. Central signal processor. The central signal proces-
sor contains two analog-to-digital (A-D) converters,
three subcarrier oscillators, six weighted summing ampli-
fiers, eight power switches, and a subcarrier oscillator
bypass gate. The block diagram of the analog circuit
portion of the central signal processor is shown in Figure
53. Output signals from the A-D converter, scientific
auxiliaries, and engineering signal processor are com-
bined in the summing amplifiers and are then sent to
either one of the two transmitters. The transmitters are
either phase-modulated or frequency-modulated de-
pending on which mode has been selected.

The method of summing the various signals has been
changed since the last report. A redundant-type sum-
ming system has been selected in order to eliminate the
possibility that failure in the “final’ summing amplifier
might prevent signals from modulating either of the
transmitters. This system uses individual “final” sum-
ming amplifiers to provide signals for the four different
modes: (1) frequency-modulated transmitter A, (2)
frequency-modulated transmitter B, (3) phase-
modulated transmitter A, and (4) phase-modulated
transmitter B. Two additional summing amplifiers are
used to “pre-sum” outputs of various scientific auxiliaries.
This pre-summing reduces the number of inputs to the
“final” summing amplifiers and therefore allows a reduc-
tion in the complexity of the summing amplifiers. In
addition, changes can be incorporated into the system
quite readily.
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The analog circuitry for the central signal processor
has been breadboarded and is undergoing performance
tests. A design review of the circuit has been conducted
and no serious problems were uncovered. Recommended
modifications that were found to be valid were incor-
porated into the design. Final circuit release for prod-
uctizing will be made when performance specifications
are firmer.

The schematic diagram of the analog circuit portion
of the central signal processor is shown in Figure 54.
The signal summing is performed by operational-type
summing amplifiers. Each of the six amplifiers uses two

high-gain silicon planar transistors and they are iden-
tical except fc minor variations that reflect different
bandwidth and impedance requirements. Ground-out
switches have been added at the inputs of the “final”
summing amplifiers since the last report. The ground-out
switch prevents signals from feeding through the input
resistors of the “off” summing amplifier and affecting the
channel gain of the “on” summing amplifier. The ground-
out switch also prevents changes in channel gain from oc-
curring if one of the summing amplifiers can not be turned
off due to a failure in the power switch. The ground-out
switches are activated by a 29-volt signal from the trans-
mitters.
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Figure 53. Central signal processer bleck diagram (anelog circuits)

The subcarrier oscillator bypass gate has been added
since the last report. The b, pass gate allows the tele-
vision frame identification signal from the A-D converter
to frequency modulate the transmitter directly. The by-
pass gate is closed by an enable pulse generated in the
TV auxiliary.

b. Engineering signal processor. A preliminary circuit
release has been made for the engineering signal proc-
essor. A breadboard has been constructed and success-
fully tested. The breadboard incorporated the complete
logic, electronic commutators, and a special commutator
for the measurement of temperature. The engineering
signal processor breadboard was then successfully inte-
grated with a breadboard of the A-D converter. A re-
cording of the output of the A-D converter was made
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to examine the various commutated inputs, and the
desired accuracy was found to have been achieved.

c. Temperature measurement using resistive sensors.
Temperature measurements in Surveyor will be accom-
plished by resistive temperature measuring sensors. The
block diagram of the temperature measuring system is
shown in Figure 55. The resistive sensors are excited
from a constant current generator. An electronic com-
mutator sequentially connects the constant current gen-
erator and the analog-to-digital converter to the various
sensor resistors. Each position on the commutator con-
tains two solid-state switches, labeled a and b. Switch a
connects the constant current generator to the sensor
resistor while Switch b connects the A-D converter to
the sensor resistor. Switch b could be eliminated if the
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Figure 55. Temperature measuring system

A-D converter were connected directly to the output of
the constant current generator. However, the offset
voltage in Switch a has a relatively large variation since
it must carry the sensor current. The variation is greater
than the allowable reading error and this is intolerable.
The current through Switch b is very small and there-
fore a much more accurate offset voltage can be main-
tained. The constant current generator maintains the
sensor resistor common connection at a virtual dc ground
(Point b). The reference resistor is connected from this
virtual ground to a very stable negative voltage (Point
c). The current flowing through the selected sensor
resistor must pass through the reference resistor except
for a very small percentage that flows into the high
impedance differential amplifier. Therefore, a constant
current can be supplied through the selected sensor re-
sistor even if the closing of Switches a and/or b add or
subtract current from the output of the differential
amplifier.

Constant current generator. A constant current gen-
erator has been designed and tested that maintains the
current constant to better than + 0.1% for resistive loads
between 0 and 2000 ohms and over a temperature range
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of —20 to 55°C. The nominal current is 2.5 milli-
amperes. The schematic diagram of the constant current
generat r is shown in Figure 58. The circuit maintains
a constant current through the very stable reference re-
sistor R11. A reference zener diode CR1 maintains a
constant negative voltage at one end of R11. The volt-
age at the other end of R11 is maintained at zero volts
by means of a five-transistor (Q1 through Q5) differen-
tial input amplifier. The input current to the amplifier
causes less than =+ 0.02% error in the current through
R1l. The current through the reference zener diode is
controlled by a three-transistor (Q8, Q7, Q8) regulator
circuit, This is necessary to maintain the required accur-
acy of the zener voltage.

6. Command Decoding

a. Central command decoder. In addition to minor
changes in several other circuits, the receiver-decoder
selector circuitry and the flip-flop circuit of the cental
command decoder have been modified. A decision has
also been made to include the basic bus subsystem de-
coders in the central decoder unit along with the re-
dundant central command decoders and the receiver
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decoder selector. Four subsystem decoders are included
for the basic bus commands, excluding the flight control
commands. The latter are handled by a flight control
decoder in the flight control electronics unit.

A block diagram of the receiver-decoder selector is
shown in Figure 57. The receiver-decoder selector de-
termines which central command decoder and which
receiver will be used. Which of the four possible com-
binations of central command decoder and receiver is
used is remembered by a two-stage counter which is
stepped each time transmission is terminated.

The index circuits consist of a resistor-capacitor net-
work, a threshold recognizing circuit, and an amplifier.
Transmission from the ground causes the index, after
a short delay necessary to reject noise bursts, to put out
a signal which turns on one of the electrical conversion
unit drivers, which turns on the corresponding central
command decoder. Flip-flop No. 2 of the counter de-
termines which central command decoder is turned on.
When transmission ceases, after a short delay, the index
signal which operates the electrical conversion unit
drivers turns off, resulting in changing the state of flip-
flop No. 1 of the counter. Flip-flop No. 1 determines, by
use of gating in each central command decoder, which
receiver output will be used by the selected central
command decoder. The state (off or on) of one central
command decoder is telemetered via a yes/no commu-
tator in the engineering signal processor. Since the se-
quence of the counter states is known, this signal is
adequate to inform ground operators which receiver
and which central command decoder are selected.

The central decoder unit flip-flop (and the central
signal processor flip-flop) have been changed by the
addition of four components to each flip-flop to reduce
noise sensitivity and to allow simplification of the clock
pulse circuitry. This added noise tolerance is of impor-
tance due to the low power level of the circuitry.

The old circuit is shown in Figure 58a. A sawtooth
clock pulse was required. The new circuit, shown in
Figure 58b, requires a simple rectangular clock pulse.
More important, noise tolerance is greatly improved.
The anti-noise bias, of approximately 1-volt amplitude,
back biases the diodes connected to the transistor bases
to protect against false triggering of the flip-flop by stray
pulses on both the R and §S input lines and on ground.

Modules for 60% of the command decoding circuitry
have been designed. Six printed circuit boards will be
used to mount approximately 68 modules, the number
estimated for the command decoder unit.
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Circuits have been assigned to modules, and a scratch
pad “module-placement™ layout is being drawn. The
objectives of this layout are to minimize interconnections
on and between cards and to uniformly place high-
power-dissipating modules.

b. Flight control decoder and programmer,

Logic and organization. The flight control decoder
and programmer (Fig 59) receives inputs from
the flight control subsystem and from
the flight control command decoder. Outputs from the
programmer are used to control and actuate devices
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Figure 58. Central decoder unit flip-flops
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which effect initiation of the flight control action, angle
maneuvers, mid-course velocity correction, and opera-
tions affecting final descent.

Preliminary logic equations for the programmer were
released November 6, 1961. A block diagram of this
design is given in Figure 60. The programmer in this
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Figure 59. Flight control decoder and programmer
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design is essentially a timing device operating in three
modes according to signals from the flight control de-
coder and from the flight control system. The three
modes are: (1) auto-external; (2) auto-internal; and
(3) manual. In the auto-external mode, the time delays
are automatically generated (after an appropriate “start”
signal) according to magnitude bits generated exter-
nally on the ground and transmitted through the central
command decoder. In the auto-internal mode, the time
delays are generated automatically from magnitude bits
generated by an internal number generator whose logic
is wired to deliver preset magnitudes. In the manual
mode the time delays are completely subservient to the
start and stop commands generated at the ground sta-
tion. In this mode, the time interval is defined by the
interval between the start and stop signals.

The logic equations in this design call for 32 (reset-
set) (R-S) flip-flops, 20 logic amplifiers, 15 output ampli-
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Figure 60. Flight control programmer
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fiers, seven inverters, two clock pulse systems, one refer-
ence oscillator, and a set of countdown scalers. The need
for two clock systems arose due to the asynchronous
relation between the reference oscillator clock and the
timing of signals originating in the command decoder.
It was suggested that dc coupled flip-lops might be
used to avoid a two-clock system. This technique was
unable to solve the problem of resetting several flip-
flops with the same pulse without a substantial increase
in the number of flip-flops. The problem of synchroniza-
tion was settled by using a gate-controlled relaxation
oscillator driving a standard clock pulse output circuit.
These clock pulses (called MCP) are produced when-
ever appropriate command pulses are present. The tim-
ing oscillator feeds scalers having two output frequen-
cies, each of which is gate selectable and is capable ot
driving standard clock circuits. These circuits produce
the timing clock pulses (TCP). The technique used
here, of operating two sets of flip-flops each having sep-
arate clock timing, makes use of a single standard R-S

flip-flop type.

Oscillator circuit design. The long-term stability re-
quirements of the frequency source circuits dictated the
use of a resonator (crystal or tuning fork) to maintain
the desired frequencies. An examination of crystals and
tuning forks showed that, because of weight and rela-
tive insensitivity to mechanical vibration, the use of
crystals would give superior performance. Crystals with
a resonant mode below 10 ke have masses so large
that their supporting leads do not stand up under
mechanical vibration. Therefore, a decision was made
to operate at a frequency of 12.8 ke and count down
to the desired frequencies. Crystals of this fre-
quency were purchased from two recommended vendors
and were subjected to evaluation tests at environmental
extremes. The results of these tests showed that excellent
crystals could be purchased at this frequency. The fre-
quency stability will be better than the 0.02% short term
and the 0.1% long term stabilities required.

A study of single-transistor crystal oscillator circuits
showed that the reactive elements required became ex-
cessively large and heavy. Therefore, a decision was
made to use the circuit shown in Figure 61. Transistors
Q1 and Q3 and associated biasing resistors form a two-
stage amplifier. Prsitive feedback from the collector cir-
cuit of Q3 to the  .se of QI is provided by the crystal.
The tank circuit attached to the collector of Q3 enables
the circuit to be tuned to the exact frequency desired.
Q4 and associated components form a buffer amplifier.
Q1, Q3 and Q4 all operate Class A. Capacitor C8, Re-
sistors R4 and R9, Diode CR1, and TransistorQ2 are
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an AGC network which insures this Class A operation.
Transistors Q5 and Q8 form a Schmitt trigger which
shapes the sine wave output of Q4 into a square wave
which is the input to the countdown stages.

In order to minimize the oscillator dissipation and
provide an optimum design, a computer routine for use
on the IBM 7090 has been written. Checkout and de-
bugging of this routine is 80% complete.

Final design and checkout has been completed for the
countdown stages. The 400-cps three-phase voltage re-
quiretnent by inertial guidance components is derived
from the same countdown circuits. Addition of one
countdown stage provides a second 400-cps signal, 90
degrees out of phase with the first. The two 400-cps sig-
nals are used to generate the three-phase voltages.

Preliminary circuit development of the other pro-
grammer circuits is being carried out, and a preliminary
circuit release will be made on or about December 15,
1961.

Breadboards. Three breadboards are currently being
designed and constructed for flight control subsystem
evaluation: (1) a 400-cps synchronization pulse gener-

cuitry to provide the two-phase 400-cps outputs; (2) a
central command decoder simulator; (3) a complete
breadboard of the programmer ( which includes the 400-
cps synchronization pulse generator) and a second cen-
tral command decoder simulator.

Figure 62. Transmitter power amplifier and

ator which includes an oscillator and countdown cir- low pewer multiplier
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Figure 61. Flight control - “.ator
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7. Transmitter

Integration of the second set of development bread-
boards has been completed and temperature tests are
now being made. Construction of the third breadboard
model has begun in cooperation with the product en-
gineer. The transmitter power amplifier and low-power
multiplier, shown in Figure 62, is in the intended pro-
duction configuration. Tests performed on it will re-
veal if any spurious effects can be expected as a result
of the productized packaging.

a. Exciter. A block diagram of the transmitter exciter
circuit is shown in Figure 63. Changes in this block dia-
gram since the last report have occurred during develop-
ment of the second exciter breadboard. The voltage
controlled crystal oscillator (VCXO) signal now is fed
through the phase modulator so that phase modulation
can be used with the VCXO as a signal source. Resistive
summing points are used wherever two RF signal sources
join. This is necessary to achiceve isolation from one sig-
nal source to the other. Since only one RF source will
be on at any given time, mixing does not occur at the
RF summing points. Amplifiers have been added to re-
store the output power level to 10 milliwatts to drive
the transistor power amplifier.

Initial temperature tests have shown excessive fre-
quency drift of the VCO and the VCXO over the oper-

ating temperature range, These circuits are being
redesigned to achieve the required frequency stability.

b. Transistor power amplifier. The transistor power
amplifier in the scecond breadboard model consists of
two stages using 2N707A transistors and an output stage
using a TA2084 transistor. Each stage operates Class C
with the first stage saturated for power limiting.

¢. Transmitter multiplier chain (lumped parameter).
A varactor frequency quadrupler was built but never
completely optimized. The circuit appeared quite critical
and difficult to time. Two push-pull varactor doublers
are being used to achieve higher efficiency and better
filtering than the quadrupler could produce. Alignment
requirements of the doublers have been reduced to one
tuning capacitor per doubler.

d. Final development breadboards. Component layout
for the final development breadboard model viill be the
same as the initial product version. This is being done
to ensure satisfactory circuit operation in its final con-
fignration. Fabrication of the final development bread-
board model has begun under the joint direction of the
development engineer and the product engineer.

e. X6 multiplier. Amplitude variation of power from
the X3, X2 frequency multipliers was measured in a

RF INPUY PHASL
FROM MODUL ATION
TRANSPONDER INPUT

!

|

(v'!lGENCV CO:?%AGEED VOLTAGE
LL L
INPUT CRYSTAL o CONTROLLED || RESSTVE ol  PHasE o AMPLIFER o N
OSCILLATOR [~ ®1 ~CRYSTAL ™1 ShomT MODULATOR g B m
SENSITIVITY OSCILLATOR POINT
SWITCH
MOOULATION GAIN 1 ‘ T
CHANGE COMMAND
VOLTAGE
VOLTAGE ‘
TRANSPONDER ACQUISITION LOGIC SIGNAL C%’a’,’},‘%ﬁt“ CONTROLLED . VOLTAGE ] _CRYSTAL
OSCILLATOR OSCILLATOR =1 CONTROLLED AMPLIFIER FREQUENCY
ON- OF ON- OFF OSCILLATOR DISCRIMINATOR
SWITCH SWITCH
3 Y
VOLTAGE CONTROLLED CRYSTAL OSCiLLATOR POWE
NORMAL VIDEO INPUT _ %Eusbﬁntt:g MILLER
PO * INTEGRATOR [ ¥
RF OUTPUT L FREQUENCY -
:(:‘:lnl:ll(»[:.— AMPLIFIER @ MULTIPLIER AMPLIFIER  [|aied
x5

Figure 63. Transmitter exciter
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temperature range from 0 to 125°F. The resultant
curve, which varied 025 and - 1.0 db from a
nominal value at 70*F, is shown in Figure 64.
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Figure 64. X6 multiplier power output vs temperature

The entire chain was again joined after redesign of
the lower stages and the spurious lines previously seen
at 96 and 192 mc from the central frequency were
found to be suppressed 30 and 37 db below
the desired frequency. This suppression is sufficient for
proper operation of the transmitter and receiver in all
modes.

The transmitter salid-state chain is required to func-
tion into each of several different types of loads. Although

AL,
‘oo

18y

JHE
THEE G

each load has an impedance close to 50 ohms at the
transmitter frequency, the impedance curves across the
spectrum have entirely dissimilar characteristics. A res-
onant line is now being added to the output doubler so
that the diode sces the different loads through a narrow
passband. In this way the loads will appear to be uniform.

f.- TWT amplifier. The first few 10-watt tubes showed
a degeneration with age. This has been traced to a de-
terioration of the attenuating material, which is sprayed
on the helix supporting rods. The condition was cor-
rected by using a pyrolytically deposited film of alumina.
The tube is emitting 11 to 12 watts with 20% efficiency
with no sign of change such as that observed in the
previous tubes.

8. Command Receiver-Transponder
Interconnections

The command receiver is a double conversion FM
receiver. It must operate continuously throughout the
life of the spacecraft. Reliability and power efficiency
are the important factors in the design of the receiver
since available power is severely limited.

The receiver also is able to operate in a phase-locked
mode by energizing the transponder interconnection cir-
cuit. The reason for not operating as a phase-tracking
receiver all the time is that the phase-locked mode re-
quires significantly more power than the frequency
tracking mode. Basically, the recciver has not changed

Figure 65. Subcarrier discriminator
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much from that described in the previous progress re-
port (SPS 37-12) and the block diagram remains valid.

a. Breadboard receiver-transponder interconnection
system. Integration of the receiver-transponder intercon-
nection system has been completed. All of the receiver
and transponder interconnection circuits are operating
satisfactorily and quantitative tests of the receiver per-
formance are in progress. Spurious responses and inter-
fering signals have been reduced to a tolerable level. All
interfering signals are down to at least — 140 dbm. The
interfering signal that caused the most trouble was the
fifth harmonic of the frequency divider output signal
which reflected back through the divider and caused
modulation of the voltage-controlled oscillator. The
interfering signals were reduced to a tolerable level by
adding power supply decoupling, circuit isolation, and
RF shielding.

b. Local oscillator. The second version of the local
oscillator discussed in detail in Reference 1 has been in-
corporated into the receiver breadboard system. Opera-
tion of this local oscillator with the rest of the recciver
was satisfactory. The output power is 1.5 milliwatts
and all undesired sidebands were down by at least 30
db from the centerline.

¢. 23-kilocycle subcarrier discriminator. A different
subcarrier discriminator from that shown it the previous
report has been incorporated into the receiver bread-
board system. A schematic diagram of the subcarrier
discriminator is shown in Figure 65. The discriminator
consists of a tuned amplifier stage, two tuned detectors,
summing network, and an output filter. One of the tined
detectors is a positive peak detector and is tuned above
the center frequency, and the other is a negative peak
detector and is tunced below the center frequency. The
detector output signals are added together and filtered
in the summing network. The series resonant circuit at
the output rejects the 23.ke subcarrier signal.
Figure 66 shows the output characteristics of the sub-
carrier discriminator circuit.

d. IF input stage. The 47-me input stage has been
redesigned to improve the noise figure. A schematic
of the input stage is shown in Figure 67. A noisce figure
of 4 db was measured with this amplifier as com-
pared with the 8.5-db noise figure of the previons input
stage.

¢. Breadboard construction. A different type of bread-

board construction was used for the sccond receiver
breadboard. This type construction was used in order to
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Figure 66. Subcarrier discriminator output
characteristics

make the breadboard more compatible with the final
packaged version, Also, this type of construction will
provide much better RF shielding. The second receiver
breadboard is shown in Figure 68. All of the RF circuitry
is contained on the six “T” chassis. The subcarrier and
clectrical conversion unit will be constructed on a
printed circuit which will be inserted into one end of
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Figure 67. IF input circuit
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the recciver package. The X6 cavity and RF mixer will
be located at the other end of the receiver box.

f. X6 multiplier. A X8 cavity multiplicr was subjected
to a temperature variation from 0 to 125°F and the
measured power output for a constant input is shown
in Figure 69,

Figure 68. Second receiver breadboard
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Figure 69. X6 cavity multiplier
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Vibration tests on one model indicated a possible
phase shift problem, Additional models will be tested
to discover if the problem is inherent in the cavity or
associated with the fabrication method.

g. Mixer. A lightweight mixer has been purchased
from SAGE and initial noise figure measurements indi-
cate that the noise figure is at the specified value; that
is. less than 7.0 db if operated with a 1.50-db IF strip.

9. RF Switch

A latching transfer switch has been developed by
Transco. After one million operations the switch was
disassembled and there was no evidence of wear. A dc
latching switch has been tested at 2295 me and
found to function with minor impedance matching. The
switch, which weighs 0.8 ounce, has an inherent loss of
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Figure 70. Electrical characteristics of diplexer

CONFIDENTIAL



CONFIDENTIAL

04 db. The manufacturer is being contacted to see
if a different potting material and simple shielding could
be incorporated to diminish the loss.

10. Diplexer

The RANTEC diplexer procured for engineering eval-
uation was delivered on schedule and the measured
electrical characteristics, shown in Figure 70, surpassed
the purchase order requirements described in Reference
1. The weight was 10 ounces instead of the 13 ounces
originally estimated. No phase shift was discernible
when the diplexer was subjected to sinusoidal vibration
from 0 to 2000 cps with an 8.5 + 1 g (peak to peak). The
limitation of the measurement device was 0.25 degree.

11. Television

a. Sweep synchronization and blanking circuits, tem-
perature testing. A series of temperature tests were made
on the normal mode circuits. Performance was well in-
side specification limits on most circuits over the tem-
perature range of 20 to 1680'F. Outputs remain-
ing within limits were as follows:

Horizontal frequency.

Horizon:al amplitude.

Horizontal camera blanking pulse width,
Horizontal system blanking pulse width.
Vertical frequency,

Vertical blanking pulse width,

All blanking and synchronization pulse amplitudes re-
main well within = 5%.

The anomalies observed were small. Vertical sweep
yoke current exceeded specification limits at +160°F
by 1.7% and horizontal synchronization pulse width ex-
ceeded specification limits by 1.2% at — 20°F. Mil-Spec
Characteristics B ( 250 ppm/°*C) resistors were used in
constructing the breadboard circuitry, but Characteristic
C (+25 ppm/°C) resistors are being specified for all
critical applications in the prototype models. It is ex-
pected that this change will eliminate the minor difficul-
ties noted. Further temperature testing will be done when
these components are availablc.

b. Video logic circuit. The video logic circuitry has
been modified to provide several new outputs, A “trans-
mitter off” output has been added which will turn off
the high-power transmitter at the conclusion of cach
bundle of TV data, thus providing a power saving. A
“frame identification enable” gate is also provided to
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the signal processor which allows several frame identifi-
cation groups to be transr.itted at the end of video
transmission. Frame identification had previously been
transmitted continuously during absence of picture
video, thus taking full advantage of the continuous
transmitter “on” condition. Finally, a “shutter reset” pulse
was provided which adds very little complexity to the
video logic but greatly reduces the complexity of the
shutter control circuit. The video logic block diagram
and timing sequence are shown in Figure 71 and the
schematic is shown in Figure 72.

¢. Lens control circuits. Figure 73 presents the latest
block diagram for the lens control circuits, excluding
iris control. The system features a central control logic
of the type described in the previous report. Use of one
central logic circuit for focus, focal length, and filter
position control rather than individual circuits provides
a saving of at least 12 transistors. The system shown has
been breadboarded and is presently being tested.
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Figure 71. Video logic block and timing sequence
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d. Shutter control logic and driver. The shutter con-
trol logic and driver circuit has been developed as shown
in Figure 74. A photograph of the breadboard
is illustrated in Figure 75. The circuitry (Fig
76) consists of four power switches (drivers),
a monostable multivibrator to provide shutter timing,
a bistable multivibrator, and inhibit gates.

The shutter trigger signal, a 200-millisecond-wide
pulse from the video logic circuit is gated and fed to
the No. 3 driver and the shutter timing circuit. The out-
put of the timing circuit simultaneously energizes the
No. 4 driver and inhibits the No. 3 driver for a duration
of 150 milliseconds. No. 4 driver opens the shutter. At
the end of this 150-millisecond period, driver No. 4 is
de-energized and the inhibition signal is removed from
driver No. 8, allowing it to close the shutter.

The shutter mechanism must be reset before another
signa! s applied to the timing circuit. The reset signal,
which is the second vertical blanking signal, is applied
to the No. 2 driver circuit to reset the shutter blades and
complete the shutter cycle.

A second mode of operation, known as the time ex-
posure mode, may also be used. In this mode of opera-
tion, the shutter can be commanded to remain in the
open position. Time exposure on/off commands select
the state of a bistable multivibrator. In the open shutter
state, the bistable multivibrator inhibits the shutter trig-
ger signal at gates No. 1 and 2. Shutter trigger signals
pass through the “and” gates and energize drivers No. 1
and 4 to open the shutter. Between shutter triggers the
shutter is latched. Normal operation returns when the
bistable multivibrator is returned to the “off” state.

¢. Vidicon thermal control. The vidicon thermal con-
trol circuit is designed to control the temperature of the
faceplate of the television vidicon tube to 30 +5°C
over the ambient case temperature range of —20 to
125°F. Because of possible picture anomalies intro-
duced by the control system, heating or cooling power
will be applied only during a 1.4-second period following
picture readout during each picture frame. However,
during the initial cooling process, the regulator will op-
erate continuously.
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Figure 72. Video logic schematic
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Figure 73. Lens control circuit
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The present system is illustrated in the block diagram
of Figure 77. Upon receipt of a “start vidicon thermal
control” command, input power is applied to the control
circuitry through a switch. This causes the regulator to
start functioning. A planar-type diode is being employed
as a temperature sensor. This device has a repeatable
and consistent change of forward voltage-temperature
characteristic of —1.8 millivolt/*C.

The output of the temperature sensor is amplified by
the differential amplifier. The heating and cooling sens-
ing circuits are threshold detectors which are biased to
allow a dead zone between the active heating and cool-
ing temperature regions. A temperature rise causes turn-
on of the electrical conversion unit (ECU) which is a
simple transformer coupled dc to dc converter which
supplies current at 4 volts dc to the Peltier cooler.
The Peltier cooler transfers heat from a collar around the
vidicon tube to the case of the TV camera, thereby cool-
ing the vidi:on faceplate.

A temperature drop turns on heater power. The heater
circuitry is cross-coupled to the ECU-off gate to ensure
that the cooler is turned off whenever the heater is on.
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Figure 75. Shutter contrel breadbeard

An inhibit gate turns off the heating and cooling during
the video transmission period and during the second
erase or vidicon priming peré- 1 to prevent possible inter-
ference with the television picture quality.

A breadboard model of the vidicon thermal control
including Peltier device and excepting the inhibit cir-
cuitry has been built and preliminary tests have been
made. The breadboards are shown in Figure 78.

Present efforts are being directed toward optimization
of the servo loop circuitry. The inhibit gating circuitry
is being built, and upon completion of the breadboard,
tests will be conducted to determine the feasibility of
mounting the sensing 'iode directly on the vidicon face
plate.

12. Packaging Concept

a. Unit installation. The units in Compartments A, B,
and C will be bolted to a mounting plate within the
compartments. Unit connectors will be accessible for
harness connector attachment when the units are mount-
ed in the compartment. Standardization of connectors,
chassis, and other parts of units will exist where possible.
The units will consist basically of a supporting frame.
work, chassis, connectors, and special components no:
suitable for chassis mounting. The units will not have
covers except where shielding is required.

The flight control electronic unit will be attached to
a T-section frame which is part of the spacecraft struc-
turc. The front surface of the unit is a thermal radiator;
heat gencrated within the unit is radiated from this
surface. The other sides of the unit will be covered with
a low-cmissivity material to thermally isolate the flight
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Figure 76. Shutter control and driver circuit schematic

control electronic unit from other parts of the spacecraft.
The chassis within the unit will be attached to the unit
frame and to the radiator.

The altitude marking radar is mounted on the exhaust
end of the retrorocket nozzle. It consists of radar clec-
tronics rigidly mounted to a 15-inch-diameter platform
which is the rear surface of a 30-inch-diameter antenna

dish.

b. Chassis construction, Surveyor chassis are similar
to those used in Hughes Aircraft Company missile re-
ceiver units. Typical chassis construction is shown in
Figure 79. The modules mounted on chassis will be
considered as individual components on the chassis, that
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is, removable and disposable in case of failure. Compo-
nents are generally bonded to the plate and board sides.

The foam-sandwich-type chassis consists of a thin
aluminum plate and a 0.032-inch epoxy glass etched-
circuit board bonded to either side of a 0.1- to 0.125-inch
sheet of polyurethane or epoxy foam. The chassis will
be assembled by installing the board side components,
bonding this board assembly and the chassis plate to
cither side of the sheet foam, and finally installing the
plate side components.

The foam-sandwich type of construction using foam
with a weight of 8 Ih/ft* and a plate thickness of 0.030
inch will weigh approximately 0.0085 1b/in®. In many
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Figure 77. Vidicon thermal control

cases the thermal requirements permit th. plate thick-
ness to be reduced to 0.010 inch with the foam construc-
tion, yielding a weight of 0.0045 Ib/in?. There will be
no restrictions to component layout due to stiffeners and
board-to-plate ties. Fabrication and assembly time re-
quired to produce a complete chassis should be minimal.

The heat transfer path within the chassis is from com-
ponents to the aluminum chassis plate. Plate-side compo-
nents are mounted directly on the aluminum plate and
good thermal tie is provided by the component mounting
device. Most components will be attached by epoxy fil-
lets, but provision w#'l exist for clips, brackets, studs, and
bolts for components requiring special mounting. Most
components dissipating a significant amount of heat will
be located on the plate side of the chassis. Board-side
components will be attached with epoxy fillets. Heat
transfer between board and plate will occur principally
through copper leads. Another path for heat from board-
side components will be by radiation between a chassis
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board and the plate of an adjacent chassis. The degree
of thermal conductance required between the chassis
plate and the mounting surface depends on the dissi-
pation. Aluminum extrusion angle brackets may be used
to provide heat paths between chassis and the heat sink.
In Compartments A, B, and C the heat sink is the com-
partment surface to which units are mounted.

The same etched-board fabrication techniques will be
used that have worked so successfully on Falcon missile
chassis. The fabrication of chassis plates will be simplified
considerably over missile chassis plates by the elimina-
tion of stiffcners and clips.

c. Module construction. Components are intercon-
nected within modules by soldering the leads to circuit
lines on 0.032 inch thick, epoxy-glass circuit boards con-
taining circuitry on one side only. The modules have a
height limitation of 0.5 inch, with lateral dimensions
between 1.0 and 1.5 inches. The height is governed by
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Figure 78. Vidicon thermal
control breadboards

the maximum length (0.3 inch) of the high-usage com-
ponents, i.e., glass jacket diodes and metal film resistors.
The module height is made up as follows:

Mavimum length of cordwise mounted

components . in, 0.300
Spacing hetween ends of masimum length
components and etehed cireuit
boards | in. 0.076
Two etehed cirenit boards | in. 0061
Solder balls cach side in 0.050
Outer coating cach side . 0.010
Total . m. 0.500
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Figure 79. Typical chassis and module
cross section

Other components are oriented as shown in Figures 80
and S1; c.o., transistors with leads exiting from one side
and long components are mounted parallel to the etched-
circuit boards. To minimize the weight of the module a
“treeze coat” resin application or a foam encapsulant will
be utilized. The “freeze coat” consists of thin webs (rather
than a solid encapsulant) of resin between components
to provide the necessary mechanical support.

Leads exit the modules in groups, in a close-spaced
pattern. The grouping of leads will minimize the number
of size of cutouts in the metal plate and also vield the
minimum restriction on hoard-side-mounted components.
Components will not he mounted over module leads to
maintain access to the leads for module removal.

The module leads are soldered into plated-through
holes in the chassis master etehed-circuit board. A “solder-
1 developed for readily un-
soldering individual module teads, An alternate procedure
employs drawing of the solder out of the joint by capil-
lary action onta a heater flux braid. The modules are
tastened to the plate by resin bonding, possibly using a

sucking” procedure has

tape. Most chassis will contain both modules and indi-
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vidual components. In areas such as command decoding
where practically all chassis components will be modules
there will probably not be any board-mounted compo-
nents. The numerous restrictions imposed by module
removal make the use of the board side rather incfficient
in such cases.

Figure 80. Component orientation, fop view

il

#i

Figure 81. Component orientation, side view

d. Circuit grouping and arrangement. Where possible
all components within a given unit will be grouped ac-
cording to function. Similar circenits and/or entire func-
tions will be placed on a common chassis or module.
Redundant circuits, such as in the command decoding
function, will be used in several different units or control
items. The use of identical modules throughout the space-
craft system greatly facilitates the drafting and fabrica-
tion effort.

The type of packaging to be employed is also dictated
by the type of circuits involved. In the case of flight
contro} servos, it is anticipated that a large number of
large components will be required, thus requiring the
components to be individually mounted on chassis with
only a small percentage of circuits permitting modular
type of construction. On the other extreme, signal pro-
gramming and decoding functions permit the use of small
‘components whercin the majority of the functions will
be packaged in modular construction.

Component layout is also dictated by the nature of
the circuit. Flight control circuits as well as most of the
decoding circuits, for instance, do not require a great
deal of shielding. Therefore “open” chassis or modular
construction can be employed. On the other extreme,
however, are such units as the command receiver and
transponder and the transmitter. For these units, shielded
chassis type of construction will be employed.

As previously stated, it is believed that in most cases
the modular type of construction will not require shield-
ing. In those cases where shielding is required, a shield
“coating” will be applied to the external surface of the
module.

e. RF packaging concept. The concept for packaging
the lumped constant RF circuits has been established. A
10-mil aluminum T-bar will be used, similar to that em-
ployed in JPL designs. RF circuits occupying one side of
the T will be decoupled with feedthrough filters from the
de circuits occupying the other side of the T which in
turn will be decoupled from the de input leads. The T-bar
will be enclosed by a 10-mil aluminum housing; the en-
tire unused volume will be filled with foam and the base
of the T-bar soldered to the enclosing housing. All tun-
able components will be accessible through the base of
the T-bar to allow external tuning. Dry micro-balloons
called “Eccospheres,” which have the same dielectric
constant as the polyurethane foam, will be used to test
the effect of foaming on the prototype units while main-
taining the ability to change components. This packaging
concept is believed to satisfy the requirements of mini-
mum weight while still meeting all spacecraft functional
and environmental requirements. RF circuits using these
packaging concepts have been emploved in other Hughes
Aircraft Company programs.

f. Environmental design. The cquipment is designed
to meet levels of shock and vibration which are based on
Type Approval Test requirements. Levels are specified
for chassis and components as well as for control items
so that the ability to meet Type Approval Test require-
ments may be establish 7 for subassemblies prior to
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testing the entire control item. The estimates are based
on inputs to the rocket engine; certain transfer character-
istics were assumed for the spaceframe structure and the
unit structure. The vibration levels for assemblies such
as those on the rear of the slititude marking radar dish,
traveling-wave tubes, vidicon tubes, cte. must be deter-
mined on an individual basis,

g. Component selection. Issue 11 of the “Preferred
Parts List for Surceyor” handbook has been issued by the
omponents and Materials Laboratory. The handbook
has been reviewed by Product Engineering. Evaluation
requests are being issued for special parts, such as chop-
per amplifiers, and those types of semiconductors which
were not included in the handhook.

h. Test programs. A number of thermal, vibration, de-
flection, and other structural tests will be performed on
the foam-sandwich chassis. Several vibration tests have
been performed on prototype altitude marking antenna
dishes. The dish design has been modified as a result of
these tests to arrive at a minimum weight design with
satisfactory  structural  requirements.  Developmental
structural tests will be performed on a prototype flight
control unit and a prototype altitude marking radar.

Thermal tests will be conducted on chassis and other
parts of units to obtain accurate thermatl resistance values
for use in computer studies. Computer studies are being
utilized to predict component, chassis, and unit tempera-
tures and to evaluate the adequacy of thermal design,

i. General project status.

(1) Outline and mounting  drawings: Outline and
mounting sketches have been issued for all control
items other than those located in Compartiment €
which are presently under consideration. Final
outline and mounting drawings, including weight,
volume, center-of-gravity, and connector type and
Jocation, will be issued late in December.,

(2) Breadboard status: | .oduct engineers are cooper-
ating with the circuit engineers in the fabrication
of final breadboards. Final breadboards for the
transmitter and the receiver and  transponder
lumped  constant RE cirenits are progressing,
These breadboards approach the final productized
design as much as feasible. “Productized™ bread-
boards for other control items are slower in being
realized.

(3) Drafting status: Lavout drafting has started on
the flight control clectronics unit and will begin in
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the immediate future on the transmitter. Layout
drafting will begin on the remaining control items
as the circuit designs firm up.,

13. Radars

a. Altitude marking radar. All breadboard units for the
altitude marking radar have been assembled into a single
package and mounted on the rear surface of the antenna,
This equipment is shown in Figure 82, The components
shown include the following: solid-state local oscillator,

Figure 82. Altitude marking radar ontenna, rear view
‘ ’

Figure 83. Altitude marking radar antenna, front view
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upper left; IF amplifier, center left; RF unit, center right;
synchronizer and video processing circuitry, lower left;
and solid-state magnetron modulator, lower right. All
elements of this breadboard are functioning and quanti-
tative tests are being conducted in one of the roofhouses,
Relative dimensions of the various components can be
obtained with respect to the section of antenna shown;
the diameter between mounting tabs is 24 inches. Figure
83 shows the reverse side of the complete 30-inch dish
with breadboard feed attached.

Product engincering on the breadboard units shown
will have considerable effect with respect to volume and
weight. A revised solid-state local oscillator breadboard
more nearly approaching the final circuitry and package
has been vonstructed and is in unit test. The X1€ multi-
plier is shown in Figure 84. This component will replace

Figure 84. Frequency multiplier

all the wavegnide and stub tuner components shown in
Figure 82 which connect the Tumped constant maltiplier
section (in the upper black box) to the miver (directly
at the right of the 1F amplifier). The remainder of the
revised local oscillator is packaged in a space slightly
smaller than the upper of the two boxes now used,

The IF amplifier will be packaged approzimately as
shown in Figure 83 included in this package are the
AGC amplifier and video cirenitry, Other major packag-
ing changes between the present breadboard and final
unit, aside from modular packaging of the ssnchronizer
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Figure 85. IF amplifier

and video circuitry, will be made in reducing flanges on
the RE components and chemical milling of the feed.

Performance and environmental tests on the second set
of breadboard units are being conducted on a unit basis
simultancously with the integration and test of the first
breadboards as a svstem. The results of some of these
tests on the X16 multiplier include the following: the
spurious response due to the 15th and 17th harmonics
and other harmonics are greater than 24 db below
the desired 16th harmonic. Sinee an AFC is not emploved,
the only restraint on harmonies is due to cfficieney or
interference. A graph of the X16 multiplier output power
versus anput power at 352 me is shown in Figure
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86. The minimum power output of the lumped constant
section will be 330 milliwatts at 582 mc. Noise
figure corresponding to this value was given in the pre-
vious report. The bandwidth of the X168 multiplier is
shown in Figure 87. Nominal 3-db bandwidth at
70°F is 41 me. Temperature tests were also con-
ducted on this multiplier; Figure 88 shows the results of
power output measurements versus temperature. The
data given are for a constant input at 582 mc. The
bandwidth increases to 52 mc and center frequency
decreases by approximately 5 mc between 70 and
—40°F.
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Figure 86. Multiplier output power vs input power
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Figure 87. Multiplier bandwidth

A block diagram of the altitude marking radar syn-
chronizer is given in Figure 89. The purpose of this cir-
cuitry is to generate the basic 350-pps repetition rate of
the transmitted pulse and the precision delays for altitude
marking. Two delayed range gates and one AGC gate are
generated by this circuitry. The delayed gates correspond
to 60 and 61 miles. A trigger to the solid-state magnetron
modulator is also formed in the synchronizer. A sampled
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Figure 88. Multiplier power output vs temperature

output from the modulator triggers the delay generators
to account for delays in pulsing of the magnetron for the
60-mile range measurement. The 1 to 60-mile AGC gate
permits AGC control on noise only for low-level detec-
tion. The noise input to the video processor integrators is
thus made independent of gain variation in the IF ampli-
fier for low signal levels.

Measurement of the change in delay of the 60-mile
range gate versus temperature changes from a nominal
test temperature to expected temperature at lunar ap-
proach shows less than a +0.08-mile change.

The video processor block diagram is shown in Figure
90. The video output from the IF amplifier is gated in
the video processor and integrated to determine the pres-
ence of signal. Two channels of integration are provided,
one each for 60- and 61-mile delays. If the threshold in
the 61-mile channel is exceeded, and acceptance gate
arms the firing circuit at the time the lunar return will
be in the 60-mile gate. This dual-channel circuitry pro-
hibits firing on an isolated noise burst. Arming of the
firing circuit is also restrained by the absence of an en-
abling signal from command. The radar is turned on
prior to this signal to permit warmup; however, marking
is not possible until the enable signal is received. Mark-
ing on a second-go-around of the lunar signal is thus pro-
hibited. The reset generator resets the integrator outputs
to zero after a specified number of pulses (nominally
ten). Temperature tests performed on the video proces-
sor included measurement of integrator gain, reliable
triggering of the threshold amplifier (a Schmitt trigger),
velocity prediction and acceptance generator delay
changes, firing circuit trigger sensitivity, and reset gen-
erator trigger sensitivity. Preliminary analysis of the data
indicates satisfactory operation over the temperature
range expected.

Altitude marking radar antenna. The AMR antenna
produces a narrow pencil beam for the altitude marking
radar. Low sidelobes are required to keep the false alarm
probability to an acceptable value, and relatively high
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gain is required to provide assurance that the radar will
give a firing signal to the main retro-rocket at the proper
distance from the lunar surface.

The Hughes Aircraft Company designed feed men-
tioned previously has produced first sidelobes of approxi-

mately 30 db; however, it has never quite given
the design yxoal of 30 db in both the E and H
planes. Several modifications of this feed have been tried
with some success. The sidelobes have been reduced a
small amount and the gain has increased to 34.6 db.

PRF =@ PRETRIGGER TO VIDEO PROCESSOR
GENERATOR
TOMATIC

MODUL ATOR TRIGGER MODUL ATOR MAIN BANG oy A
TO SINGLE SIDEBAND W TRIGGER REJECT ond GATE |~ ?3"1:?:;::32 GGATls
MODUL ATOR GENERATOR GENERATOR CONTROL DRIVER,

170 60 m:

MODUL ATOR TRIGGER DELAY GATE DELAY GATE
(INCLUDES SMALL —r GENERATOR > GENERATOR GENERATOR |mmwm=eipd GENERATOR
DELAY FROM SINGLE 60 mi 60 mi I mi 61 mi
SIDEBAND MODULATOR) m

GATE TO VIDEO GATE TO VIDEO
PROCESS, 60 m. PROCESS, 61 mi
Figure 89. Altitude marking radar synchronizer
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Figure 90. Altitude marking radar video processor
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Improvements to the primary pattern range have al-
lowed a more careful study of the primary patterns. The
H-plane primary pattern shows evidence of shadowing
on both sides of the feed. Efforts to reduce this shadow-
ing are being made by tapering the sharp corners of the
feed guide and by construction of fairings to fit along the
narrow wall of the waviguide.

A modification of the ring source feed was built as a
backup To-date, results from this feed are not as prom:is-
ing as results mentioned above. Further modifications of
the ring source feed have been received from the shop
but have not yet been tested.

Two more prototype dishes have been tested. Both
produce patterns nearly equivalent to the spun aluminum
dish used in the development phase.

b. Radar altimeter and doppler velocity sensors. The
radar altimeter and doppler velocity sensor consists of
four major units. The klystron power supply modulator
(KPSM) includes the altimeter and doppler sensor klys-
tron transmitter tubes and the high-voltage power sup-
ply for both klystrons. Two antennas are required to trans-
mit and receive the four beams. Filter networks, isolators,
microwave detectors and preamplifiers are mounted on
the antennas as an integral unit.

The fourth unit, a signal data converter (SDC) in-
cludes the signal search and tracking functions, the arith-
metic sections, frequency to dc converters, programming
circuitry, range-marking functions, and the low-voltage

power supply.

The state of development of these units has reached the
breadboard evaluation and testing stage. The converter
circuits have been completed except for the de amplifier
output stages. which are still undergoing temperatures
stability and drift tests. All portions of the tracker loops
have been completed, but the voltage control oscillator,
quadrature generator, and single sideband mixer (SSBM)
remain to be completely evaluated. In order for the
SSBM to function properly over the wide range of input
signal levels, additional amplifier stages were recently
added following the prcamplifier. These amplifiers will
be gated out in two steps as signal level increases.

Both low- and high-voltage power supplies have been
designed and tests are currently being made on samples
of the special transformers. The arithmetic circuits which
gencerate de signals proportional to the velocity compo-
nents along the spacecraft axis are completed. Work s
continuing on the programming, marking, and output
stages. Physical outline and dimensions have been estab-
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lished as well as spacecraft mounting. Antennas for the
developmental model are being fab ‘cated.

A block diagram of the radar altimeter and the doppler
velocity sensor (RADVS) is shown in Figure 91. A func-
tional description of the major unit is given in the follow-
ing discussion.

Radar altimeter. The receiver-transmitter operates at
an undeviated carrier frequency of 12,900 mc
with a 400-milliwatt continuous-wave power output. The
transmitter output is frequency-modulated with low de-
viation at altitudes of 1000 feet and above, and high
deviation at altitudes below 1000 feet. The frequency
modulation consists of a negative linear sweep of 5 milli-
seconds. The FM sawtooth waveform has a fixed repeti-
tion rate of 182 cps at all altitudes. The signal return from
the lunar terrain is delayed in time in proportion to slant
range along the beam, and shifted in frequency in pro-
portional to the component of spacecraft velocity along
the beam. A small amount of transmitter power is coupled
off the transmitting waveguide and applied as the coher-
ent reference to the microwave detector. The microwave
detector consists of a pair of balanced mixers producing
two signal outputs to the two preamplifiers. The refer-
ence signal to each balanced mixer is applied in phase
quadrature so that the two output signals to the preampli-
fiers are also in quadrature.

Due to range delay and doppler shift, the output signals
from the balanced mixers contain signal spectrums which
peak up in power at a frequency which is equal to the
sum of a range proportional term, £,, and a velocity pro-
portional term, fs. The center of power of the tervain
signal spectrum into the preamplifier varies between 182
cps and 80 ke.

The preamplifiers raise the signal levels out of the bal-
anced mixers to values suitable as inputs to the altimeter
tracker, and shape the residual AM noise spectrum
present.

The function of the klystron power supply/modulator
is to supply beam, reflector, and filament power to the
VA246 reflex klystron and to superimpose a sawtooth
voltage waveform on the reflector voltage to the klystron
for purposes of frequency modulation. The KPSM accepts
an input from the 1000-foot marker in the programmer
for purposes of changing the transmitter deviation from
low to high.

The two quadrature signal inputs from the preampli-

fier and gated amplifier are applied to the tracker. The
altimeter tracker is an electronie, self-tuning, frequency-
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following loop which has as an output a signal of fre-
quency equal to the center of power of the input signal
spectrum to the tracker plus the tracker reference fre-
quency, f.. The quadrature input signals to the tracker
are applied to a single-sideband mixer whose other pair
of inputs are derived from a variable frequency quadra-
ture signal generator operating at a frequency above the
center of frequency of the input spectrum to the tracker
by an amount equal to f.. The single-sideband mixer
translates the input signal spectrum from the preampli-
fiers to a frequency near the reference frequency of the
tracker, that is, within the IF amplifier pass band. The
single-sideband action is accomplished using phase can-
cellation of the upper sidebands of two quadrature car-
rier signals each of which is amplitude-modulated in
quadrature with respect to the other.

Proceeding around the altimeter tracker frequency-
following loop, the signal from the single sideband mixer
is passed thror gh the IF amplifier and then applied to
the two mixers in phase quadrature. The difference fre-
quency spectrums in the outputs of the two mixers are
extracted using two low-pass filters. The signals out of
the low-pass filters are applied to the phase detector.
These two spectrums are in phase quadrature and pro-
duce, at the output of the phase detector, either a plus or
minus voltage, depending on phase relationship of the
two inputs. In the auto-tuning mode then, the tracker
tunes to maintain the output of the single-sideband mixer
centered at the IF frequency, the outputs of the low-pass
filters at zero average frequency, and the output of the
phase detector at zero volts or the average.

The mode of the altimeter tracker is controlled by the
signal detector. When the signal detector has detected
sufficient signal-to-noise ratio in the tracker low-pass
filter, the altimcter tracker is placed automaticay into
the auto-tuning or tracking mode. When the signal-to-
noise ratio in the low-pass filter is less than the signal
threshold, the altimeter automatically goes into a fre-
quency scarch mode, scannjng the tracker search band
on a continuous basis until a signal of sufficient strength
is detected. The tracker frequency scarch is equivalent
to an altitude scarch between about 1000 and 40,000
feet when the altimeter is in the low-deviation mode or
100 to 4000 feet when in the high-deviation mode. The
signal detector circuit receives two inputs, one trom the
low-pass filter and the other from a band-pass filter. The
band pass filter examines the mixer output signal in a
frequency bhand adjacent to that of the low-pass filter.

The signal detector compares the narrow band signal
plus noise out of the low-pass filter with the noise out of
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the band-pass filter. When this ratio exceeds the threshold
for proper operation, the signal detector puts out the
tracker signal lock, which stops the frequency search and
the tracker then follows the frequency of the center of
power of the detected signal.

The change in transmitter deviation from low to high
changes the input frequency to the tracker by 14.8 ke.
To prevent a tracker signal loss, the tuning posi-
tion of the tracker variable frequency oscillator is raised
by this same amount, which is accomplished by switch.-
ing from No. 1 fixed frequency oscillator to No. 2 fixed
frequency oscillator.

In the altimeter artithmetic section and altitude con-
verter, the signal from the altimeter tracker is applied to
the arithmetic section at a frequency equal to the sum
of the signal frequency into the tracker and the tracker
reference frequency fi. The tracker output frequency is
applied to a modulator and compared with the reference
frequency. The difference frequency is extracted in the
low-pass filter. The resulting signal frequency (f, + f4)
is scaled by a factor of two and by a factor of four, both
scaled frequencies being applied to signal gates. The
signal frequency from the arithmetic section is converted
into a proportional dc voltage. At the same time, a signal
with frequency proportional to the component of vehicle
velocity along the roll axis, as computed in the velocity
sensor arithmetic section, is applied to a scaling circuit in
the altimeter arithmetic section and converted to a pro-
portional dc analog in the signal processing chain. This
dc voltage, with the proper scale factor, is combined with
the converter signal from altimeter tracker signal for
velocity, leaving a voltage proportional to range alone.

The change in range signal output scale from 1 to 20
mv/ft is accomplished by a change of 20 to 1 in frequency
scale presented to the altitude converter input. This fre-
quency scale change occurs as a result of changing the
transmitter frequency deviation by a factor of ten at the
1000-foot range mark and scaling up the input signal
frequency to the altitude converter by a factor of two at
the same time.

The programmer contains the altimeter signal loss de-
tectors and the 1000- and 13-foot range markers.

Velocity sensor. The velocity sensor is composed ot
functional units similar to those in the radar altimeter.
Major differences are desceribed below,

The transmitter operates at a carrier frequency of
133000 me  with  approximately 6 watts  total  con-
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tinuous-wave power outpnt. The microwave energy is
divided equally among three antennas and is transmitted
in three narrow beams displaced 25 degrees from the roll
axis of the spacecraft. The doppler information from
beams No. 1 and 8 is used to determine vertical velocity,
V.; beams No. 1 and 2 give lateral velocity, V,, and beams
No. 2 and 8 give lateral velocity, V,. Considering a maxi-
mum velocity of 3000 ft/sec along any beam and a mini-
mum velocity of zero, the center of power of the signal
spectrums at the output of the microwave mixers can
vary between 0 and 81 ke.

Velocity sensor tracker operation is essentially the same
as altimeter tracker operation except the requirement for
fixed frequency oscillators is not necessary for the doppler
velocity sensor tracker due to the absence of scale change
of tracking velocity.

The arithmetic section combines the three doppler fre-
quencies to obtain frequencies proportional to the veloc-
ities along the spacecraft coordinates, (V,, V,, V,).

The three velocity sensor frequency outputs are at
carrier plus doppler frequency. Quadrature signals are
also provided by each tracker. These outputs are applied
to mixers and the difference frequencies are extracted
through low-pass filters. Both lateral velocity converters,
V. andV,, require the respective doppler difference fre-
quencies and their quadrature signals for sign sense in-
formation.

The vertical velocity, V,, is proportional to the sum
of two doppler signals, whereas the lateral velocities are
proportional to the differences of their respective doppler
signals. Therefore, one tracker output is first mixed with
twice the carrier frequency in balanced modulator and
the difference frequency is extracted through a low-pass
filter to obtain a signal frequency equal to the carrier
minus the doppler frequency. This in turn is mixed with
the other tracker output to obtain the difference fre-
quency output equal to the sum of the two doppler
frequencies. Vertical velocity sign sense is not required
so that the quadrature signal is not obtained.

14. Tape Recorder

a. Introduction. Development of the tape recorder has
been subcontracted to the Data Recorders Division of
Consolidated Electrodynamics Corporation and has been
in progress since August 21, 1961,

The tape recorder is to be capable of recording and
reproducing data, on command, during two operational
phases of the spacecraft. During the boost and landing

CONFIDENTIAL

phase, engineering data will be recorded on seven analog
channels (5 to 1000 cps ); record and reproduce will be at
20 in/sec. For lunar surface operation, 18 hours recording
capability is provided at % in/sec. Playback is at 20 in/
sec. Three analog channels, covering the range %o to 5
cps and one analog channel for the range %o to 20 cps,
are provided for recording seismic activity. Two digital
channels (550 bps NRZ and 180-200 bps NRZ) are pro-
vided for recording time-shared data from the plasma
probe and the seismometer (tide data) and for the mag-
netometer. A unique feature of this lightweight (9
pounds maximum) recorder will be the low-power re-
quirement, not to exceed 630 milliwatts during lunar
record and 1.5 watts during playback.

b. Electronic development. To achieve the very low
frequency analog response with good signal-to-noise ratio
and amplitude accuracy, saturated FM recording is being
used. The block diagram of the record portion of the
system is shown in Figure 92. There will be four identical
sections to accomplish the launch and lunar analog re-
cording. There will also be three identical sections for the
launch analog and the lunar digital recording. (The
seventh lunar channel is reserved for recording a clock
signal if desired for tape speed control in the reproduce
mode.) In the analog channels, voltage-controlled oscil-
lators (VCO) will provide center frequencies of 333 cps
or 20 ke (lunar or launch) with deviation of =+50%.
The driver amplifiers will amplify the frequency-
modulated square wave signals and saturate the tape. In
the digital channels, solid-state switches will feed input
to the driver amplifiers for saturation recording of the
digital signals.

Erase will be prior to record. Erasing will be accom-
plished by passing a dc cur